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The effects of leading edge modifications on the stalling charac-
teristics of an NACA 0015 panel wing model were investigated 1n a series

of low specd wind tunnel tests. The modification typically consisted

of adding a 14% Clark Y glove onto 4 portion of the leading edge.
Six-component balance data, pressurc distribution measurements and oil

flow visualization tests were completed at a Reynolds number hased on
Tt ’ 6 - ’ : . . .
chord of 2.0 x 107 for increasing and decreasing angles ol attack [rom

0° to 50°.

The leading edge modifications produce stabilizing vortices at stall
and beyond. These vortices have the offect of fixing the stall pattern
of the wing such that various portions ol the wing upper surface stall
nearly symmetrically. This results in a higher li(r<n1thclmxhlicd
wing as compared to the 1ift on the unmod i fied wing 1n the post-stall

region. The 1i{t curve slope of the modified and unmod i fied wings re-
mained essentially constant at 0.071 per degree.  Two 1ift-coelficient
peaks were obtained for the baseline NACA 0015 wing at angles of attack



of 17° and 30°. The twin-peak behavior of the 1ift curve was g1
@9 4150 ob-
served on the modified wings. The drag coelficient obtained With )
Sever:

modified configurations was smaller than the drag coeflicient of the i
bascline NACA 0015 wing in the pre-stall region. Also a smaller ceopt
er

ol pressure shift with angle of attack was observed with severai modi -

fied configurations. Considering a smoother variation of 1356 b
,» Pltcihine

moment, rolling moment at stall and a smaller drae and « .

= “o did center of pres-

sure movement to be desired criteria, the best conficurat;
: sguration test :

sted con-

sisted of placing the glove on the entire leading edoe except oy

‘ = or a

gap at 25% to 50% of the semispan.
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CHAPTER 1

INTRODUCTTON

Stalls and spins have continued to be a major cause of accidents
involving general aviation aircraft. Recent studies (References 1-5)
have suggested that modifications to the leading edge of the wing can
reduce the tendency of 1light aircraft to enter a spin after stall. The
modifications typically consist of adding a drooped glove onto a portion
of the leading edge. This results in a sharp and discontinuous change
in airfoil shape in the spanwise direction. Vortices which are shed at
the leading edge discontinuities serve to preserve 1ift on the wing to
very large angles of attack. The resulting flat top lift curve would
produce gradual and nearly symmetrical post-stall changes in the wing
span loading about the aircraft rolling and vawing axes. Consequently,
very gentle adverse accelerations occur. It has been hypothesized that
these characteristics will help prevent inadvertent spin entry after a
stall (Reference 2).

The theoretical basis for the concept of leading edge modifications
was the modelling of three-dimensional wings using a nonlincar-lifting
line approach with a simulated stalled wing section (Reference 1). This
study suggested that the local leading edge type separation produced a
much stronger induced angle of attack distribution than trailing cdge
separation. The strong vortices shed at the edge of the stalled section
stabilized (localized) separation and helped fix the stall pattern of
the wing such that the various portions of the wing upper surface stalled
nearly symmetrically. The post-stall lift curve of the wing could be

tailored as a function of angle of attack by controlling the stall at

local points along the span.




The induced cffects, of the flow separation at stall for a basic
(unmodified) wing, cause upper surface stagnation (counter rotating)
vortices to be shed. The strength of the vortex cell, illustrated in
Figure 1, implies the level of 1ift loss. The inboard vortex may not
exist in the event of absence of upper surface 1ift at stall.

In order to obtain a hetter understanding of the flow field in the
post-stall regimes and the effects of leading edge modifications on
these (low [ields, an experimental rescarch program has been carried out
at the University of Maryland. Two series of tests were performed. The
first series consisted of force and flow visualization tests on a small
scale NACA 0015 wing in the Aerospace Boundary Layer Research Tunnel.
Data were obtained for increasing and decreasing angles of attack from

O

0” to 50° and at a eynolds number based on chord of Re. = 350,000. The

sccond series consisted of force, pressure measurement and flow visuall-
zation tests on a large scale NACA 0015 panel wing model in the Glenn L.
Martin Wind Tunnel. These tests were also made for increasing and de-
) B . i ¢) =0 R . Is ber based
creasing angles of attack from 07 to 507 and at a Reynolds number bas

< ~ D - O
on chord olluk = 2.0 x 10".

In the following chapter, a description of the experimental program

will be given. The results of both series of tests will then be presen-
ted in Chapter 3. Chapter 4 will summarize the major findings of this

B = 1. . " " % Ly T ~y O
study and recommendation for future work will be outlined in Chapter 5.



CHAPTER 2

EXPERIMENTAL PROGRAM

Fhe experiments were completed in two wind tunnels; the Aerospace
Boundary Layer Rescarch Tunnel and the Glenn L. Martin Subsonic Wind
[lunnel. Details of model construction, test procedure, Crror assess-

ment and data reduction are also given in this chapter.

(S}

Test Tacilities
The Aerospace Boundary Layer Rescarch Tunnel is an open circuit,
variable speed (from 4.57 m/sec to 45.72 m/sec) facility with a rectan-
gular test section measuring 43.94 ¢m by 115.83 cm. Lift, drag and pit-
ching moment measurements are made with a three-component strain-gage
balance. A further description of the tunnel is given in Reference 4.
The Glenn L. Martin Wind Tunnel is a closed circuit 2.36 m by 3.35 m
subsonic tunnel. The test section velocity could be varied from 0 m/sec
to 91.44 m/sec. It is equipped with a six-component balance. 'The data
are obtained by a real time computer controlled data-acquisition system
and recorded on digital magnetic tape. The system also has a real time
plotting capability. For further details of the wind tunnel sce efer-

ence 5.

o
(8]

Models and leading Fdge Gloves

The two-dimensional 12.7-cm-chord wing model tested in the Acrospace
Boundary lLayer Resecarch Tunnel had anNACA 0015 airfoil section. 'The
coordinates of this section are given in Reference 6. The model was con-

structed of laminated mahogany. The surface of the model was lacquered,



sanded with No. 400 carborundun paper, painted black and finally buffed
to obtain an acrodynamically smooth surface. The maximum deviation of
the model coordinates f{rom the specified coordinates was 0.127 mm. The
model spanned the 43.94 cm dimension of the tunmel. A 0.635 mn gap was
allowed between the ends of the model and the tunnel walls to insure
[reedom of movement.

As will be discussed in the next chapter, serious questions arose
during the two-dimensional tests about the validity of the data in the
post-stall region. Hence the two-dimensional model was later tested as
a three-dimensional reflection plane model by decreasing its span to §0%
tunnel width. The selection of the maximum span of the three-dimensional
model was based on the conclusions of References 7-9 which showed that
the tunnel wall interference for three-dimensional tests in a rectangular
test section is minimum when the ratio of span of the wing to width of
the test section is about 0.8. A sketch of the installation of the model
in the test section is shown in Figure 2.

The 45.72-cm-chord, 137.16-cm-semispan NACA 0015 reflection plane
model tested in the Glenn L. Martin Wind Tunnel had five rows of pressure
orifices and a segmented flap as shown in Figure 3. This was an existing
laminated mahogany wing model which was previously constructed by the
wind tunnel. The pressure orifices were connected by plastic tubes to
a pressure transducer through a scanivalve.

The large scale wing was modif{ied by bolting on wooden leading edge
gloves which were installed in segments so as to produce an unmodified
gap of varying width at various spanwise positions. The gloves, cight
in number, were of equal lengths. The glove was designed by matching the

nose of a 14% thick 48.77-cm-chord Clark Y airfoil to the leading edge




of the wing such that the upper surfaces of the two airfoils coincide

from 8.5% to 40% of chord. The lower surface of the Clark Y airfoil was

faired flat from 12% to 35% of chord so that it blended with the lower

surface of the wing. This resulted in a camber at the nose as well as

a smaller leading edge radius. A sketch of the airfoil with leading

edge glove is shown in Figure 3.

2.3 Test Procedures
The experimental procedures followed in the two series of tests arc

described below:

A) Two- and Three-Dimensional Tests in the Aerospace Boundary Layer

Resecarch Tunnel

The tests conducted on the horizontally mounted 12.7-cm-chord NACA

0015 wing consisted of measurements of 1ift, dfag, quarter-chord pitching

moment and flow visualization tosts at a Reynolds number based on chord

of Re = 350,000. The data were obtained at increasing and decreasing
TR L ’

angles of attack from 0° to 50°, at intervals of 5° or less.
The three-component strain-gage balance was calibrated at the be-
ginning and end of each test. A simple but quite accurate procedure
was employed for calibrations. This involved replacing the wing with an

aluminum rod, which was held in position in the balance and extended to
the middle of test section. gimulated loads were applied in small in-
Crements to the 1ift/drag/moment calibrating fixture. The strain gage
output was umplificd 000 times and read on a digital time integrating

millivoltmeter. Possible interference between the three components of
the balance was also checked during calibration and was found to be ne
gligible. Typical slopes of the calibration curves for 1ift, drag and
/228 gm, 69 my/50 gm and 279 mv/50 ft-gm

Prtching moment were 88 1




respectively, ..
model 1) o Speed of the tunnel for different attitudes of the
L was held eanme
o eld constant by varying the opening of control vanes. Fluctua-
ns ir
| N ifg, drag anq moment were large in the post-stall region. In
order to re:
: O_Ide the values correctly, the time integrating constant of
the mllllVOItmOtcr was set at 10 seconds
01 Flow s N
i3 e Visualization tests were made using a mixture of mineral
o1l and titan; :
C TltdnlLMIdIOXido, In approximate ratio of 1:1 by volume. A
small ¢ & 5
small amount of olejc¢ acid was added to control the degree of coagulution

of particles,

It was orijej
as origing i 5 : .
gmally intended to study the effects of leading edge

modifications
{ ns ST G 1 L
on the small scale models before doing tests on the largc

scale Danel i \
] wing model. However, because of time constraints, tests ol

[h(_‘ lar’C SC¢ V1 ¢ g ) t
iﬁ - L.dIC v ng were P ‘,I‘[OI'mCd ] clfore h(‘ smal ] .‘\'('(llC tests were
CO]I]]) 1 &t Cd .

% 1l act
B) RL[I(LtIOH*P]UHO Model Tests in the Glenn L. Martin Wind Tunncl

The tests on the 45.72-cm-chord NACA 0015 wing with and without
leading edge modifications included six-component balance measurements,
pressure distribution measurements and oil flow visualization tests at
increasing and decreasing angles of attack from 0° to 507, These tests
were conducted at a Reynolds number (based on the chord of the unmodified
wing) of Re. = 2.00 x 10°.  The model was mounted vertically on the floor
of test section. Wind off data were obtained for -5° through 557 and
were taken into account for test data correction. The force and pres:
sure data were measured simultancously and recorded by the data-acquisi
tion system. An oil mixture, consisting of 20 weight motor oil and

luorescent green C.H. 185% dve, in the ratio of 250:1 by weight, was

used in the flow visualization tests. Figure 4 shows the various



m()(l J 1"1 C(l i -
1de1”g cdge configurations which were tested.

2.4 Bryor Assessment of patq
In this section, an assessment is made of the errors involved in
the forco, Pressures and angle of attack measurements. lor convenience,
these have been listed in Table 1.
e (a) in able 1 contains error assessment for the data ob-
tained in the Aerospace Boundary Layer Research Tumnel. The percentage
Crrors in the force and the moment coefficients were calculated from

ne . 1,~ il . ) . - - a ‘]d th(_‘
the Max imum variations and the average values of the force :

moment gt 0

) . e ‘he
@ = 18". The variations ((luctuations) of the force and t

moment data were essentially zero in the pre-stall range.

) - o ained in the
Column (b) shows the error assessment of the data obtained in

) i : T . R ‘he moment
Glenn L. Martin Wind Tunnel. The variations in the force and the

~oeEfies : : : 6 caleu]ated Er > maximum possi-
coelflicients glven 1n this column were calculated from the 1

FEEE . : fus R, s ~dimensiona-
ble variation in the force and the moment measurements non-di

lized with respect to the basic wing.

Zsh Data Reduction
- o r he tests iIn
The procedures used to reduce the data obtained from t
. 5l » Glenn L. Martin
the Aerospace Boundary Layer Rescarch Tunnel and the Glen
Wind Tunnel are outlined as follows:

: . ary lLayer Rescarch
A) Two- and Three-Dimensional Tests in the Boundary Layer R
Tunnel

1 I ata obtained 1in
The 1ift, drag and quarter-chord pitching moment data
> ‘\. § '
; orces In
b 1 ] s were ¢ rerted to forces
millivolts from the digital millivoltmeter were com

S ~ e ( ( NS ’I‘ > 00
l ration Cu Ve s
> wig 1S hYDlL h ul] 1
Ll(u 1S dlld ]]1(,’]]](,1]! S )] 10() :‘1 1 QO BY) t‘ ) 11 ) h( i§



pressure, temperature and atmospheric density were used to calculate
tunnel speed from the speed micromanometer rcading. From the 1ift, drag,
quarter-chord moment and speed as obtained above, the 1ift, drag and
moment coefficients were calculated. These coefflicients were then cor
rected for wind tunnel wall corrections as given below:

1) Two-Dimensional Wind Tunnel Wall Corrections:

The following expressions, contained in Reference 7, were used to
correct the force and moment data for the effects of the solid blockage
caused by the constriction of the flow past the model, for the effects
of blockage caused by the wake and for the distortion of the lift dis-
tribution caused by the induced curvature of the flow. llorizontal
buoyancy corrections were neglected since the pressure gradients along

the wall were very small due to a slight test section divergence.

a =o' + 0.022354 (CI' + 4 CM')
. | Cl '(0.996002 - 0.10917 (,'l)' )
(I” = (Il)' (0.997677 - 0.10917 (I])')
LIM = (lM'(().E)E)SZlBZ = [0,10917 (?])') + 0.0006125 (I]I'

where the primed quantities represent the coefficients measured in the
tunnel .

2) Three-Dimensional Wind Tunnel Wall Corrections:

Corrections accounting for the effects of solid blockage, wake bloc
kage and streamline curvature were used as given in Reference 7. The
downwash correction factor, 0.215, determined {rom Reference 9 was used
for the angle of attack correction. The various three-dimensional
correction-expressions are given below:

Y 0.7 t ¢ b

1l

0.0644V + 0.04544 S (ZI)'

m
1l



v . 2.46284 S C

a = o
I
g =@ - 2) - 0.22389 ¢, a
LR ;
bp = Cy' (1 - 2¢) + 0.039074 5 ((:]'r
Gy = Gy (1 - 2e) + 0.055974 5C,' a
where the primed quantitics represent the coefficients neasured 10 the
tunnel .
%) Three-Dimensional Tests in the Glenn L. Martin Wind Tunnel
coruwtcd!br solid
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mﬂcbmmmm
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blockage, wake blockage, tunnel wall constriction effects
effects before recording them on to digital mngnctic tape (Reference
Data were available both in body and wind axes systems. The pitching
moment data as recorded were about the axis of rotation of the turh table
on which the model was mounted. An offset of 3.02 cm, which existed be-
tween the axis of rotation and the quartor—chord line of the hasic wing,
was taken 1nto consideration while reducing the pitching moment data.
The pressure distribution data obtained 1n nillivolts were also recorded
on the magnetic tape. Force and pressurc data were transferred from the
magnetic tape to d file on the University's UNITVAC 1108 computer facili-

ty for further data reduction.
A computer program was written to calculate and plot force and mo-
ment coefficients. For cach configuration, the appropriate proj ccted
wing area, mean acrodynamic chord and wing spin were used for non
_dimensionalizing the forces and moments. The pitching moments were cal-
culated at the quurtcr»mcun-ucrodynumic-chord. This progranm also 1
corporated calculation and plotting of chordwise jocation of center of
pressurc and spanwise locations of centers of 1ift and drag which were

derived as follows:

9



X = (- =+ $)
B
R
Y1=(].“)/h
W
Nv
Y3 = { n‘“’ ) /b
W

where subscript B stands
Another program was
and to plot the pressure

sions. A listing of the

for body axes system and W for wind axes system.
written to calculate the pressure coefficients
coeflficients in two dimensions and threc dimen-

programs is given in Appendix A.




CHAPTER 3

RESULTS AND DISCUSSTON

Fhe results obtained from tests on the small 12.7-cm-chord NACA
0015 wing model are presented in Section A. The results of experiments
> laree 4 AR ; 4 : .
on the large 45.72-cm-chord NACA 0015 wing model are contained in

Section B.

A 12.7-cm-Chord NACA 0015 Wing Model Results

Two- and three-dimensional acrodynamic characteristics (lift, drag
and pitching moment) of the 12.7-cm-chord NACA 0015 wing are presented
in Figures 5-7. The tests were completed at a Reynolds number based on
chord of ROC = 350,000 for angles of attack from 0° to 50°. [lysteresis
effects were apparent when the angle of attack was reduced from the
deep post-stall region.

As shown in Figures 5a and 5b, the section 1ift curve for the NACA
0015 airfoil is not linear at lower angles of attack. llowever, the sec-
tion lift curve slope of 0.0906/degree is obtained by a straight line
fit between angles of attack of o = 0° and « = 87. A maximum section
1ift coefficient of 1.03 occurs at o = 152 and a second peak, having a
valuc of 1.05, occurs at a = 452, Tor the three-dimensional wing of
aspect ratio 5.54, an average 1ift curve slope of 0.060/degree is obtained.
The initial lift-coefficient peak of 0.93 occurs at a = 167 and the se
cond peak of 0.78 occurs at a = 452, In the post-stall region the
three-dimensional 1ift is less than the two-dimensional Tift.

A section 1ift curve slope of 0.096/degree was also obtained for
anNACA 0015 airfoil at ROC = 1.23 x 10" in carlier tests by Pope (Refer

ence 11). The section data from Reference 11 are shown in PFieure 5c.



Comparison of the two-dimensional results in Figure 5a and 5¢ indicates

that the effect of Reynolds number is to increase the initial lift-coef-

ficient peak whereas the second peak does not change appreciably.

The results of tests on a three-dimensional flat plate wing (aspect

ratio 5) from Reference 12 are also shown in Figure 5¢. The flat plate

. -0
data show only one lift-coefficient peak of 0.9 at o = 50

The results in Figure 5 show that the hysteresis in 1ift exists for

the two-dimensional NACA 0015 wing in the vicinity of stall. In the range

of o near stall, the lift for a decreasing angle of attack is less than

the 1ift at corresponding angle when the angle of attack is increasing.

The 1ift hysteresis also exists for the three-dimensional NACA 0015 wing.

The hysteresis in drag and pitching moment exist for the two-dimensional

wing as shown in Figs. 6 and 7. The drag at decreasing angles of attack

is more than the drag at increasing angles of attack. The pitching moments
are more negative during the decreasing angles of attack. The hyste-

resis in drag and pitching moment also exist for the three-dimensional

wing. The hysteresis in 1ift, drag and pitching moment arc in agreement
g - N ~4 1 Inforence 4
with the results on these hysteresis reported 1n Reference 15.
0il flow patterns in Figure 8 show the phenomenon of laminar separa-
" = : ’ 5 = 350, 000. 'HuﬁSCXHUtNﬁ]OF;!lnmhmr
tion on the NACA 0015 wing at Re. 350, I

flow over the NACA 0015 airfoil has been mentioned in Chapter 4 of Ref-
erence 14. Identical flow patterns were observed on the upper and lower
surfaces at angle of attack o = g°., Ao = 0”, the flow on the upper
surface separates at about 454 chord location as shown in Figure 8a. As
the angle of attack 1s increased, the sepurution moves towards the
lcading edge on the upper surface and towards the trailing edge on the
lower surface (Figures gh and 8c¢). The locations of laminar



separation on an NACA 0015 airfoil at o = 0° and 107 predicted by the
airfoil computer program of Reference 15 were within 5% of locations of
Laminar scparation observed in Figure 8. The (low on the lower surface
was fully attached at a = 13°.

The two-dimensional (low patterns were essentially similar to the
three-dimensional flow patterns before stall. As the "2-D'" and 53-D
wings approached stall, a pair of counter-rotating swirl patterns were
observed in the oil patterns (Figures 9a and 9b). The pattern was synm-
metric about the centerline for the "2-D'" wing but shifted towards the
wall for the 3-D wing. A region of reversed flow existed over the cen-
tral portion of the wings. As suggested in Reference 16, the formation
ol the swirl patterns may be due to a loop vortex that is attached to
the wing in the centers of the swirls. In another explanation (Reference
1), these vortices are viewed as coming off the surface and going to
infinity without interacting with each other. The observation of the
swirl patterns on the "2-D'" wing led to questions about testing such
models in the post-stall region. TFor this reason, all later tests were
conducted with reflection plane or 3-D models mounted on one wall of the
tunnel .

Several tests were performed with 0.23 mm leading edge grit placed
at 5% chord in order to simulate effects of higher Reynolds number. The
size of the grit was determined using the criteria given in Reference 17
Grit reduced the maximum 1ift coellicients and the 1ift curve slope while
increasing the minimm drag coefficient by 100%.  In addition, the wing
with grit was observed to stall at a lower angle ol attack. The expla
nation for these variations is that the kinetic cnergy of the already

turbulent flow was decreased by the use of grit  (Reference .



I'he tests described above on the 12.7-cm-chord NACA 0015 wing
were jointly made with a fellow graduate student Mr. S. Agrawal and

arc also reported in his thesis (Reference 18).

B.  45.72-cm-Chord NACA 0015 Wing Model Results

The results of tests done on the 45.72-cm-chord NACA 0015 wing with

and without leading edge modifications are presented in three parts. Part 1
consists of a systematic analyses ol the data (including hysrorvsis)<”*
tained with various leading edge modifications. Oil [low patterns are given
in part two. In part three, correlation between the surface pressure dis-
tribution, the force and the flow pattern is discussed.

1.) Six Component Force and Moment Data

The data for the 45.72-cm-chord NACA 0015 wing were obtained at Rey-

o ~ . = 3 £ 1 ) =
nolds number (based on unmodified wing chord) of Re. = 2.0 x 10° for

s ) e - = 0
increasing and decreasing angles of attack from 07 to 507,

The effects of varying the location and extent of the gap in the
oloved leading edee over the inboard half of the reflection plane model
are shown in Figures 10 to 16. The results of other modifications are
given in Figures 17 to 23. The 1ift curve slope (0.071/degree) remains
essentially the same for the baseline NACA 0015 wing and the wing with
various leading edge modifications. Since the angle of attack reference
line of the baseline wing is also used for the modified configurations,
this results in a slight shift of data in the lincar range. A maximum
lift coefficient of 1.11 occurs at an angle of attack of a = 17.5° for
the baseline wing. There is a sharp drop in the lift coefficient at

e

stall. A second lift-coefficient peak of 0.94 occurs at a = 30.o5. The

drop in 1ift at the second peak is less abrupt than the drop in lift at



the initial peak. A maximum 1ift coefficient of about 1.05 is obtained
for configuration 3 (a gap in the leading edge glove from 37.5% to 50%
semispan), configuration 4 (a gap in the glove from 25% to 50% semispan)
and configuration 5 (a glove on leading edge in the outer half semispan).
In addition, the stall advances to o = 17.5° (Figure 10). The max Hmum
1ift and the stalling angle of configuration 8 (a gap in the glove {rom
50% to 62.5% semispan) and configuration 9 (a glove on leading edge 1n
the inner halfl semispan) approach the maximum 1ift and the stalling angle
ol the baseline NACA 0015 wing (Fig. 17). llowever, the 1ift is higher on
the modified wings than on the baseline wing in the post-stall region.
The twin-peak characteristic is also observed on the modified wings.

The second peak is higher than the initial peak in configuration 3 and
configuration 4. Configuration 4 and configuration 5 exhibit a moderate
drop in 1ift at stall. The effect of flap deflection is to increase

the 1ift until o = 38°.

A minimum drag coefficient of 0.00875 for the baseline wing is ob-
tained at a = 0° as shown in Figures 11 and 18. The rate of drag coeffi-
cient change is maximum at stall, less in the post-stall region and the
least in the pre-stall region. It is observed that the drag coelficient
remains essentially constant for the wing with and without modifications
until a = 11”. Data at o = 59 for configuration 6 (gaps in the glove at
259 -37.5% and 62.5%-75% semispan) and conliguration 7 (a gap in the glove
from 25% to 37.5 semispan) were not taken. However, the plotting program
joined the adjacent data points by a straight line. The drag is less
for configurations 4, 8 and 9 between o = 11" and respective maximum 1ift
angles. Deflection of flaps increases the drag at all angles. Though

('()

not rechecked, the drag data point at a = 25.57 1s belicved to be doubt

ful .
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The variation of the pitching moment coefficient (about 25% mean
acrodynamic-chord) with angle of attack is plotted in Figures 12 and 19.
The pitching moment is cither zero or negative for all the configurations.
Since the leading edge modification provides a camber to the modified
wing the pitching moment decreases in pre-stall range as expected. The
pitching moments of configurations 3 and 5 behave in the same manner as
the pitching moment of the baseline wing. However, configurations 4 and
9 do not show the increase in pitching moments at the angles for max imum
lift. Configuration 4 shows a smoothly varying pitching moment curve.
When flaps are deflected, a uniform increase in the pitching moment at
all angles results.

Figures 13 and 20 show the plot of the rolling moment coefficicent
versus angle of attack. The rolling moment which is essentially the same
for the wing with and without modifications, increases linearly with
angle of attack up to a = 10°.  The slope of the rolling moment coefli-
cient curve decreases from a = 10° to the maximum 1ift angle. It becomes
negative at stall and beyond for the baseline wing. The rolling moment
decreases slightly at stall for the modified wings and then recovers.

The recovery pattern is different for different configurations. Configura-
tion 4 maintains essentially a constant rolling moment from stall until

o = 41°. The rolling moment for the wing with flap deflected is higher

in comparison to the wing with no flap. However, in the vicinity of stall
and at a = 300, the difference between the values with and without [lap
deflection decreases. The yawing moment increases with angle of attack as
shown in Figures 14 and 21. A constant vawing moment between o = 12" and
the maximum 1ift angle is obtained for configurations 8 and 9. The vawing

moment changes abruptly at stall in these configurations.

16



The side force coefficient keeps increasing with angle of attack be-
fore stall, decreases slightly at stall, increases again until a = 30°
and then drops as shown in Figures 15 and 22. The variation of side
force with angle of attack on the baseline wing and of configuration 9
arc comparable. Configuration 3 produces the maximum side force in the
post-stall range.

The chordwise position of the center of pressure is plotted against
angle of attack for the various wing configurations in Figures 10a and
23a. The large value of the chordwise location of center of pressure of
53% chord at o = 0 for the baseline wing is attributed in part to the
calculation accuracy using small but finite values of the lift and the
pitching moment. The 1ift being negative, the center of pressure location
is ahecad of leading edge for the modified wing. The center of pressurc
is seen to shift towards leading edge until maximum 1ift angle and then
moves towards the trailing edge. A similar trend has also been found on
a flat plate wing and a Clark Y wing (References 12 and 19). The center
of pressure for the baseline wing shifts from 25% to 47.5% of the chord.
The effect of the leading edge modification is to move the center of pres-
sure towards leading edge (compared to the center of pressure location
for the baseline wing at corresponding angles of attack). The minimum
chord-wise travel of the center of pressure of 27% to 42% of the mean
acrodynamic chord is obtained for configuration 4. Use of flaps shifts
the center of pressure towards the trailing edge, as expected for a cam
bered wing. The spanwise variation of the center of lift (calculated
from the 1ift and the rolling moment), shown in Figure 16b and 23b, varies
between 33% and 45% of semispan for the hbaseline wing. The leading cdge

modi fication and the deflection of the flap move the center of 11ft



inboard. TFigures 1l6c and 23c¢ show the spanwise movement of the center of
drag (calculated from drag and vawing moment).

The hysteresis effects of 1ift, drag and pitching moment data of
the NACA 0015 wing with and without leading edge modiflications are shown
in Figures 24 to 26. Wherever possible, the plots are made clear hy
marking arrows to indicate the direction of change of angle of attack.
As shown in Figure 24, the 1ift coefflicient at a decreasing angle is less
than the 1ift coefficient at the corresponding increasing angle in the

vicinity of stall. Higher 1ift during the decreasing angles is observed

. . . - ; - p e i
for configuration 5 around « = 30°. However, the higher 1ift coefficients
. . 2 0 ) .

shown for the decreasing angles between a = 507 and « = 33 are attributed

; 0
to the fact that the data were taken at a larger interval between a = 50

and o = 20° and that the plotting program joincd the two adjacent data
points by a straight line.

The hysteresis effects of drag coefficient are seen around stall in
Figure 25. The drag coefficient is more for the decreasing angles of
attack than the drag coefficient for the increasing angles of attack.
There is essentially no hysteresis in the drag at higher angles of attack.
Figure 26 shows that the hysteresis in pitching moment exists on the basc
line wing at stall. The pitching moment is more negative for the decreas-
ing angles on the bascline wing. An increase in the pitching moment is ob-
served at maximum 1ift angle on the modified wings. No hysteresis exists
on configuration 2 as shown in Iigures 24-26.

The hysteresis shown in Figures 24-20 results from a rather complica
ted relationship between the pressure field around the airfoil and the re
tion of scparated flow. 'The phenomenon of hysteresis may be explained as

follows. The laminar boundary layer which separated near the leading



edge reattaches some distance downstream as a turbulent boundary layer

'his results in the formation of a short bubble near the leading edge. At

stall, the short bubble bursts, and the flow separates near the leading

edge. This results in a drop in the 1ift, increase in the drag and de-

crease in the pitching moment. When the angle of attack is decreasing,

there is no reattachement of the flow at the stalling angle. Decrease of

the incidence at first has little effect on the separated region. But at

an appropriate angle, the flow reverts to the short bubble configuration

as rapidly as the short bubble had burst (Reference 20). The results of
airfoils which do not exhibit the

the present study suggest that the

leading edge short bubble separation, may not exhibit hysteresis effects.

2.) TFlow Visualization Tests

The oil flow patterns on the baseline NACA 0015 wing at various
angles of attack are shown in Figure 27. The phenomenon of laminar se-
paration near the leading edge 15 apparent in Figures 27a and 27b. It is

observed that the (laminar) separation bubble on the upper surface at
a = 16.5° has moved forward compurcd to the location of separation bubble

at o = 10°. The trailing edge separation of the turbulent flow in the

pre-stall region is also seen in these figures. ligure 27¢ shows the
T Countcr'TOt“ti”g swirl patterns on the upper surface
at stall. The presence of the tip vortices is shown by curved oil streak
lines near the tip. Wall interference is also apparent in these figures.
With increasing angles of attack the outboard swirl pattern moves towards
the tip of the i, B0 very high angle of attack, both swirl patterns
move towards the trailing edge and finally appear to leave the surface.
Figure 28 shows d sequence of 0il flow photographs when the 14%
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Clark Y glove is added to the leading edge except for a gap at 37.5% to
50% semispan. Figure 29 shows a similar sequence when the nose glove is
only on the outer 50% semispan. A comparison of the pictures in Figures
27, 28 and 29 shows that the {low patterns on all three wings are essen-
tially the same in the pre-stall region.

The vortices which are shed by the leading edge modiflication alters
the flow of the baseline wing at stall in such a manner that the inboard
swirl pattern shifts outboard. This shift increases the area of attached
flow on the inboard section of the wing which would be expected to in-
crease the 1ift contribution of this area. The striking effect of the
leading edge modification is to preserve the attached flow on the out
board portion of the upper surface at higher angles of attack. It is
interesting to note that the flow patterns on the outboard section of
configuration 5 (a glove from 50% to 100% semispan) were identical to
the patterns shown in Figure 28 for configuration 3 (a gap in the glove
at 37.5%-50% semispan). The unsteady nature of the flow after stall was
observed during the flow visualization test on the wing shown in Figure

29

The initial flow pattern observed on the wing at o = 18.59 was very
similar to the pattern later observed at o = 20°. During the test, the
0il pattern abruptly underwent a change and ended up with the pattern
shown in Figure 29c.
3.) Pressure Distribution Data

The surface pressure distributions are presented in Figures 30 to
40. Figures 30 and 31 show data for the bascline NACA 0015 wing, PIigure

32 to 35 for the modified wings and Figures 30 to 40 show comparisons of

various modifications.



a.) The NACA 0015 Baseline Wing

Figure 30 shows the three-dimensional plot of pressure variation over
the upper and the lower surfaces of the NACA 0015 bascline wing. Since
the three-dimensional plotting program does not plot negative values,
the pressure coefficients were uniformly increased so that the maximum
negative pressure cocfficient became zero.

As shown in Figure 3la and 31b, the pressure distribution over 175
to 62% semispan is constant at a = 10° and gradually drops towards the

: . . 0 . -
tip of the wing. At « = 17.5, the maximum pressure peak occurs at 395

: “ 2 o s - O - O
semispan.  Comparison of the pressure distributions at o = 10° and 17.5
shows that the pressure (in magnitude) increases on the upper and the

> ] 0 Th3 < ~ avric - ) s %
lower surfaces at o = 17.5 . This comparison also qualitatively confirms
the increase in 1ift, drag, quarter-chord pitching moment, chordwise
movement of the center of pressure towards leading edge and spanwise
" o 5 VR .- (@] R &
movement of the center of 1ift towards root from a = 107 to a=17.5 ob

served in the six-component balance results (Figure 10 to 10).

18.50) on the aft

]

The pressure distribution obtained at stall (o
part of the wing at 17%, 39% and 02% (rows 1, 2 and 3, Figure 3l¢) 1s
nearly constant. The oil flow photograph taken at stall (I'igurce 27¢)
shows the presence of a 3-D separation bubble (with counter-rotating
swirl patterns) over the same areca of the wing. The maximum blockage to
the oncoming flow of the 3-D separation bubble is noted at row 2 where
the pressure peak is minimum. At row 2, the pressure decrease [rom 20%
chord to the trailing edge indicates an increase in velocity which is
obvious in the flow pattern. [From Figure 3lc¢ and 3le, it is seen that

the pressure on the upper surface is higher near the leading edge, lower

at the rear surface and the center of 1ift shifts towards the tip at



stall. These variations in the pressure distribution result in less lift,
more drag, less pitching moment, rearward chordwise movement of the cen-
ter of pressure and outboard spanwisc movement of the center of 1ift at

o S : :
0 = 18.5°.  The same trends were also observed in the six-component ba-

lance results (Figures 10 to 10).

As noted in the oil flow photographs of the baseline wing beyond
stall (Figure 27d), the flow over the wing near the wall appears to be
fully separated. The corresponding pressure coefficeints in this region
vary from -0.45 to -0.50 (Figure 31g). Around 40% semispan, the swirl
near the leading edge helps keep the flow Tocally attached. The flow
in between the two swirls located at about 75% semispan is attached as
shown by the consistent recovery of pressure at row 4. The dip in the
pressure distribution at 83% chord on row 5 could not be explained. [t
is seen from Figures 3le and 31g that the pressure increases on the lower
surface at o = 30°. Even though the pressure peaks on rows 4 and 5 are
higher at a = 300, their contribution to 1ift is reduced because of the

steep recovery of pressure. The increased pressure on most of the upper

surface and the lower surface add up to increase 1ift, drag, pitching

moment, chordwise location of center of pressure and to decrease the span

5 . o A G O
wise position of center of lift at a = 307 compared to a = 18.5.
The pressure increases on the lower surface and the [low scparates

; . S ool _ el e
on most of the upper surface at angles of attack beyond a = 307 (Iigures

27e, 311 and 313)s It 1s observed that the pressure coelficient in the

separated regions is nearly constant at about -0.55.

The pressure distribution for increasing and decreasing angles 1s

) &= D) = ) =
= 10%, 17.52, 18.57 and 30°. The pres

also compared in Figure 31 for

sure distributions for increasing and decreasing angles are identical at



o = 107. This agress with the six-component balance results which show
no hysteresis effects. However, different pressure distributions are ob
= ~ CAy A I - . -1 . .. = b 9 ) r(—) =0
served for increasing and decreasing angles at « = 17.57, 18.5 and 30 .
llysteresis is also seen in the force results at these angles (Figure 10
to 10).

b.) The Modified NACA 0015 Wing

The pressure distributions for the modified wings are shown in Figures

32 to 35. The pressures at the orifices which were covered with the
lecading edge glove are not plotted in these figures. In the absence of

pressure distribution on the front portion of the upper surface of the
wing, which contributes substantially to the forces and moments at mo-
derate angles of attack, even the qualitative comparison of forces/moments
of the baseline wing and the modified wing on the basis of pressure dis-
tributions could not be made. Figure 32 shows the pressure distribution
on the wing with a glove on the entire leading edge (configuration 2).

The full recovery of pressure on the upper surface of configuration 2
indicates that the flow is attached at o = 18.5° (Figure 32a). This
agrees with the force test results which show that the maximum 1ift oc-
curs for configuration 2 at o = 18.§)(Iﬁguro 24) .

Figures 28 and 29 show that the flow patterns due to the vortices
shed at mid semispan are identical for configurations 5 and 5 at «=10.5
and 30°. However, the pressure distribution at row 3 (which appears to
lic along most of the path of the vortices) (Figures 33, 34 and 35) arce
not identical for configurations 3, 4 and 5. The pressure distribution
at rows 4 and 5 are identical in the post-stall region (or these confi-
gurations.

The pressure distribution at row 1 on the upper surface of the

(3]
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baseline wing at maximum lift (Figure 31c¢) is constant from 75% chord to
the trailing edge, suggesting a separated flow region on the inboard side.
llowever, the flow is attached on the inboard surface of configuration 4
as shown by full recovery of the pressure on row 1 (Figure 33a). This ex-
plains in part why configuration 4 has a lower drag comparced to the drag
of the baseline wing in the pre-stall region.

Figure 36b shows the pressure distribution at row 1 for the baseline
wing and configuration 5 at various angles of attack. At a = 17.5, a
constant pressure on the aft portion of the upper surface of configuration
5 implies that the flow is separated there. The abrupt changes in pres-
sure at 75% chord on the inboard portion of the wing could not be explained.
The dip in pressure coefficient at 15% chord on the upper surface of con-
figuration 5 at a = 17.5° (shown in Figure 37b) may be explained by a low
pattern similar to that which exists at row 2 for o = 20° (Figure 29d).
The 15% chord location appears to be the dividing line between a high
shear attached flow near the leading edge and a region of reversed flow
extending from the trailing edge. To the oncoming flow, the 3-D separa-
tion bubble containing the reversed flow appears somewhat as an cffective
bluff body mounted on the upper surface ol the wing. It is of interest to
note that the surface pressures measured just ahcad of a circular cylin-
der mounted on a wind tunnel wall (Reference 21) also show a dip in pres
sure as observed at 15% chord. The pressure distribution for the bascline
wing and configuration 8 (a gap in the glove from 50% to 62.5% semispan)
and configuration 9 (a glove on 0% to 50% semispan) are shown in Figures
38-40. It is observed that the pressurc distributions on the baseline
wing, configuration 8 and configuration Y are identical at angles of at

2@ I A i
tack beyond 30" and the pressure coefficient (-0.50) 1s constant on the



upper surface. Also as noted earlier, the pressure coefficient in a se-
parated region is about -0.50 for all the configurations. A pressure
coefficient of -0.42 on a [lat plate wing at o = 90 has been reported in

Reference 22.

e ~ya) G 2 -~ ~ = ) . O
I'he decrease in pressure on the lower surface at 90% chord at o= 50
) B it ot v 3 . . S

and 507 (Figures 36c¢ and 36d) is probably duc to the wing-wall effects
because this variation occurs only in the vicinity of wall.

A good correlation could be made between the surface pressure ais-
tributions and the flow patterns for the baseline wing. In other cases
the pressure distribution does not fully agree with the [low patterns.
This is attributed to the large spacing in the adjacent pressure orifices
which possibly missed the high gradients in pressure associated with the

swirl patterns observed on some wings.
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CHAPTER 4

SUMMARY AND CONCLUSIONS

An cxperimental study of the acrodynamic characteristics of an
NACA 0015 wing with various leading edge modiflications was completed.
The first series of wind tunnel tests performed in the Aerospace Boundary
Layer Research Tunnel provided preliminary information on the post-stall
behavior of a small scale (12.7-cm-chord) NACA 0015 wing. The first
set of tests involved a '"2-D" wing model that spanned the entire width
of the test section. The sccond set of tests were completed on a re-
[Tection planc model that spanned 80% of the test section width (effec
tive aspect ratio = 5.54 ). Three-component balance data and oil
flow visualization photographs were obtained at a Reynolds number based
on chord of RoC = 350,000 and for increasing and decreasing angles of
attack from 0° to 50°. The second series of tests were completed using
a 45.72-cm-chord reflection plane model (effective aspect ratio of 6.0)
in the Glenn L. Martin Wind Tunnel. Leading edge modiflications were
made by placing 14% Clark Y nose gloves onto the leading edge of the
wing. In addition to six-component balance data and [luorescent oil flow
visualization photographs, a limited amount of surface pressure data
was obtained at RoC = 2.0 x 100 for increasing and decreasing angles ol
attack from 0° to 50°. The conclusions of these tests are itemized below:
1.) A lift-curve slope of 0.071/degree was obtained for the NACA 0015
wing with and without lecading edge modifications. In the post-stall re
eion, a second lift-coefflicient peak was obtained on the NACA 0015 base
line wing at o = 30°.  The values of the 1ift coefficient at the initial

and the second peaks were 1.11 and 0.94 respectively.
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2.) The leading edge modifications increased the lift coellicient in
the post-stall regime. The effects of increasing the width ol a gap in
the leading edge glove over the inner halfl of semispan was to reduce
the initial lift-coefficient peak to 1.05 and to advance the angle of

© to0 17.5°.

stall by 1
3.) Configuration 4 (a gap in the glove from 25% to 50% semispan) and
configuration 5 (a glove on the outer half semispan) exhibited a smoother
drop in the lift coefficient at stall.

4.) The drag coefficients for configuration 4, configuration 8§ (a gap

in the glove from 50% to 62.5% semispan) and configuration 9 (a giove on
the inner half semispan) were less than the drag coefficient of the NACA
0015 baseline wing between a = 11” and 16.5°.

5.) An increase in the pitching moment (about the 25% mac) was observed
at the maximum 1ift angle for the NACA 0015 wing with and without lecading
cdge modifications. However, configuration 4 and configuration 9 did

not show an appreciable change in the pitching moment at the maximum 1ift
angle.

6.) The rolling moment coefficient increased lincarly with angle of at-
tack up to a = IUO, and then decreased until the angle of attack for
maximum 1ift. The rolling moment coefficient for configuration 4 was
essentially constant in the post-stall region.

7.) The behavior of the yawing moment coefficients were essentially the
mmcfm“ﬂcNMM(WH\Mm;wﬁhumIMtMMtlthm(ﬂgwdehnHmm.
A consistent increase in magnitude with the angle of attack was noted for
cvery configuration.

8.) The side force coefficient kept increasing with angle of attack be
fore stall, decreased at stall, increased until «o 30° and then dropped.
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Configuration 3 produced the maximum side force in the post-stall range.
9.) A chordwise movement of center of pressure of 25% to 47.5% chord
was obtained on the NACA 0015 wing for the entire angle of attack range

of 0°

to 50°. The chordwise location of center of pressure for the
modified wing shifted forward compared to the location of center ol pres-
sure for the unmodified wing at corresponding angles of attack. The
minimun chordwise movement of center of pressure (27% to 42% mac) was ob-
tained for configuration 4.

10.) The spanwise movement of center of 1ift for the NACA 0015 wing was
from 33% to 45% semispan for angles of attack from 0° to 50°.  The effect
ol the leading edge modification was to shilt the center of 1ift inboard.
11.) The shape of the airfoil appeared to have a strong influence on

the hysteresis effects. The NACA 0015 baseline wing exhibited hysteresis
effects whereas the wing modified with a 14% Clark Y glove on the entire
leading edge did not show appreciable hysteresis.

12.) A good correlation existed between the force/moment results, the oil
C

flow patterns and the surface pressure distributions for the NACA 0015

wing at various angles of attack. In some cases (the baseline wing and
configuration 5) an abrupt change in the pressure variation were noted

in the vicinity of the counter rotating swirl patterns obscerved in the
o1l {low photographs. In other instances, however, the pressure distri-
bution did not change cven though a very distinct swirl pattern existed
across the pressure taps. The failure to observe pressure changes may be
attributed to the large spacing between adjacent pressure taps which
caused any pressure peaks associated with the swirl patterns to be missed.

A large variation in the pressure distribution in cases where no vortex

or swirl patterns were observed could not be explained. It is

2Q
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interesting to note that CP = -0.5 over the surface for which the (low
was separated; this appeared to be independent of configcuration and
angle of attack beyond the stall.

13.) The use of "2-D'" full span wing model to study the post-stall be-
havior is questionable. Oil flow patterns obtained in this study re-
vealed the presence of a highly 3-D flow for a full span model .

14.) Considering a smoother variation of lift, pitching moment, rolling
moment at stall (that would improve the aspects alfecting the spin depar-
ture) and a smaller drag and center of pressure movement to be desired

criteria, the best modification tested was conliguration 4.
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CHAPTER 5

RECOMMENDAT TONS FOR TFUTURE WORK

In regards to the present study, a number of recommendations for

future work are given below:

1.) An extensive experimental study including flow visualization,

surface pressure measurements, and flow field surveys on a finite wing

would be made at stall and beyond. Tests would be specifically aimed
at determining whether the apparent vortices in the 3-D separation bubble

form a 1oop vortex above the upper surface or these vortices lift off
the surface and go to infinity without interacting with cach other. In
addition, the wing/wall effect on the lower surface of a reflection plane
model at higher angles of attack would be investigated.

2.) Flow visualization, surface prossurenm05uromontsznullWow field
surveys would then be per formed on d finite wing with the leading edge
modification for a configuration that would exhibit the most promising

results in the 5ix-component balance data.
ests would also be made on a wing/fuselage

3.) Above mentioned t
and wing/leading edge modj(icution/fusclugo combinations.
4.) Using the results obtained from tests on a finite wing as a
guide, a theoretical model of the throc-dimonsionul flow field would be

constructed.
5.) A numerical technique would be developed to predict the aero-
dynamic characteristics of a finite wing at stall and beyond employing

the above mentioned 1OV model -
tment of the wing/leading edge modification,

6.) An appropriat€ tre:

- Wing/loﬂding ication/fuselage

edge modif

wing/fuselage effects



configurations would then be incorporated in the numerical analysis.



Table 1 - Estimated Errors for Force/Pressure Measurements
a) Made in the Aerospace Boundary Layer Rescarch Tunnel

b) Made in the Glenn I.. Martin Wind Tunnel

b
Quantity a
' % (based on
— o e __bascline wing)

a + 0.3 degree + 0.1 degree

(I] + 2% t0.00103

C” + 5% + 0.00026

CM + 2% t 0.00069

CR F0.00029

CN F0.00029

Y + 0.00129

G b 0.01
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STAGNATION VORTEX

p— SURFACE {p)
L[VORTEX CELL
——————— “‘H )
e
SEPARATION

Example of a separation vortex

(from Reference 1)

L.E. Separatien Budble

Inflow Aleag L.E.

3-0 Separstion Subble
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l‘ i) =T Trailing Yortex

st

6, N

Tentative Flow Model Based om 011 Flow Patteres

(from Reference 16)

Figure 1 - Possible flow field models used to explain counter-rotating
swirl patterns.
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Wing Mode]
NACA  Chord cn Span cm
2-D 0015 12.70 43.94
Test Section 3-D 0015 12.70 55,15
43.94 cm x 115.83 cm
Figure 2

- Sketch of Wing Models in Bounda)y Layer Research Tunne}
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Wing Model
Test Section

2.3 mx 3.35m

Chordwise location of pressure

taps on
upper/lower surface

Tap No. % Chord Tap No. % Chord

1 0 9 0.40
2 0.0125 10 0.55
3 0.025 11 0.70
4 0.050 12 0.75
5 0.10 13 0.825
6 0:db 14 0.90
7 0.20 15 0.95
8 0.30

Spanwise location
of pressure taps
(% Semispan)

1 1195 (Row 5)

IS 184 (Row 4

Leading Edge Rl - ( )
Modification

P 62 (Row 3)

1 1139 (Row 2)

1 1117 (Row 1

Modified NACA 0015 Wing

Figure 3 - Sketch of Wing Model in Glenn L. Martin Wind
Tunnel and Details of Leading Edge Glove
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14% Clark Y Baseline NACA 0015

/0
= XY

\

3. 8lam< | ——— . 45.72 cm

Increase in chord
Leading edge droop
Decrease 1n nose radius

Figure 3 - Concluded.
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1008 Semispan

1003 Semispan

100V Semispan 100% Semispan
87.5%
|]87.54 | J87.5% | {87.5%
y 75%
| 758 | |7s% L |75y
62.5%
L |62.5¢ 62.5% 62.5¢ @
- -
2 ’ . s | DU
e | S0 o l: SO% - S0%
37.5%
37.5%
| |37.5% _137.5%
7
LZSl L {258 ] 283 25
2.5%
1 f12.5% | 11254 12.5% 1
rr77—rr,-r:'7777‘LrTl7
i 7 77 7 P& e 77

Configuration 1
(NACA 0015)

Configuration 6

Configuration 2

Configuration 7

Configuration 3

Configuration 8

Configuration 4

Configuration 9

Configuration 5

100% Semispan 100V Semispan 100% Semispan 100% Semispan 100% Semispan
87.5% 87.5% | 187.5% 87.5% 87.5%
75% sy 75% 75% 754
| 62.5¢ 62.5% 62.5% 62.5% 62.5%
u, u, U u u_
= S0% - S0t — 508 e 0% = 504
tn.st 37.5% | |37.5% 37.5% 37.5%
25% 25% L1258 25% 258
=112.5% 12.5% 12.5% 12.5% 12.5%
k< TTTITITI 77777 W[LTF’TJW lcasa T T T 777 7777

Configuration 10

(conf. 5 with flap
deflected 15°)

Figure 4 - Various leading edge configurations tested.
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CL o.5

O Two-dimensional

A Wing of aspect ratio 5.5%4

Decreasing angle of attack indicated
by arrow

i —

| . R UL L T 1T 17T LA | I G}

ALPHA
a) NACA 0015 wing, ReC = 350,000

Figure 5 - Variation of 1lift coefficient with angle of attack.
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CL

Q Two-dimensional

by arrow

A Wing of aspect ratio 5.54

Decreasing angle of attack indicated

1.2

Figure 5 - Continued.

29 30 49
ALPHA
b) NACA 0015 wing. CI expanded scale
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Flat plate wing, aspect ratio 5
(from Reference 12)
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o

LIFT COEFFICIENT, c,

n H o (e

O

‘ i T
EREEREEn R
B 'Jy N et |0
TN e vess *1

TN
i ]. ] [ 1 _

o . l " (I g
| ‘ | |
0 20 30 40 50 60 70 80 0 10 120 130 K0 150 6O 170 iT

— | ANGLE OF ATTACK, o | . /&

: | | |
—74 "NACA 0015 ARFOL | | ' g/ ‘
. IAS*80 MPH, RN.® 1,230,000 -
A N T T F
I O L - j

NACA 0015 Airfoil (from Reference 11)

c) Flat plate wing, aspect ratio 5 and NACA 0015 airfoil.

Figure 5 - Variation of 1ift coefficient with angle of attack.
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Q Two-dimensional
A Wing of aspect ratio 5.54
= Decreasing angle of attack indicated
by arrom
—
l
I
!
!
I
it
17 17T { G | TV 17T 17 ﬁi
~16 © 10 ={%) 30 4Q 59

ALPHA
0 0
a) Data for a = 00 to 50

Figure 6 - Variation of drag coefficient with angle of attack of NACA 0015 wing
Re. = 350,000.
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- Q Two-dimensional
A Wing of aspect ratio 5.54
Decreasing angle of attack indicated
- by arrow
l
g |
s —— |
| LR l L L vt U T 7T ‘ r 1T T 1 T T 1T 0 j
=5 0 S 10 15 co
ALPHA

b) Data for « = 0° to 20°
Figure 6 - Concluded.
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QO Two-dimensional

A wing of aspect ratio 5.54

— Decreasing angle of attack indicated
by arrow

CcM B

ALPHA

Figure 7 - Variation of pitching moment coefficients with angle of attack of NACA 0015
wing, ReC = 350,000.
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b) Upper surface at a = 10°

3D 005
=0 [ BOTTOM

M

c) Lower surface at a = 10 1 U,

Figure 8 - Oil flow patterns showing laminar separation on NACA 0015
wing, Re . = 350,000.
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2 D, 0OO0Is
<=16°, TOP

b) 3-D upper surface at o = 17

Figure 9 - 0il flow patterns on NACA 0015 wing at various angles of
attack, RoC = 350,000.
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Figure 9 - Concluded.
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CL o¢.5

- QO Baseline NACA 0015, aspect ratio 6
’ A Gap in glove, 37.5% to SOV semispun

-+ Gip in glove, 25V to 50% semispan

ML

0O Glove on outer half se
—1 X Glove on outer half semispan and
flap deflected 15°

2.0-1— ——

-0.5 LB L L L L L L TR T ) LIS LI

ALPHA
a) € fora = 0° to 50°

Figure 10 - Lift coefficient vs. a for NACA 0015 wing with leading edge modifications

on inboard half semispan, ReC = 2.0 % 106.



O Baseline NACA 0015, aspect ratio o

A Gap in glove, 37.5% to 508 semispun

<+ Gap in glove, 251 to 50% semispan

O Glove on outer half semispan

X Glove on outer half semispan and
flap deflected 15°

%) 10 r={%} 30 40
ALPHA
b) CL expanded scale

Figure 10 - Concluded.
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1.0 q-—-——— - -

QO Baseline NACA 0015, aspect ratic 6
A Gap in glove, 37.5% to 50% semispan
~ Gap in glove, 25% to 50% semispan

=1 O Glove on outer half semispan
X Glove on outer half semispan and
flap deflected 15° /
8.8
—

Nl

CD —

9.9 LI B B | S T A | S T | vt 1T v 1 Vi Trmr 1 1rrTrd

-12 o 10 20 30
: ALPHA

" o} o
a) Data for « = 0~ to 50

Figure 11 - Drag coefficient vs. o for NACA 0015 wing with leading edge

modifications on inboard half semispan, Re.

= 2.0 % 10°.
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O Baseline NACA 0015, aspect ratio 6
= A Gap in glove, 37.5% to SO semispan
—+ Gap in glove, 251 to S0% semispan
- 3 Glove on outer half semispan
X Glove on outer half semispan und
flap deflected 15°
—
A
9.2
—
e
7 l
. i |
- P |
0.1
~—
'
7] i
ﬁ !
<
-
©.0 I BN N N S SR S B S AN DN b S M AN SN R G B Mt l

ALPHA
b) Data for o = 0° to 20

Figure 11 - Concluded.
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_J O Baseline NACA 0015, aspect ratio 6
A Gap in glove, 37.5% to 30% semispan
— ~+ Gap 1n glove, 254 to 50% sem1span
O Glove on outer half s span
= X Glove on outer half semispan and
o flap deflected 15°
@.1
—e
—
—d
-

ci

o)
s
O

"8»1-'

—008‘

| |

"
N
o
[EN
(Y

20 39 40 =1 ¢
ALPHA
Figure 12 - Pitching moment coefficient vs. a for NACA 0015 wing with leading edge

s g . ; . 0
modifications on inboard half semispan, Re. = 2.0 x 10".




O Baseline NACA 0015, aspect ratio 6
A Gap in glove, 37.5% to 50% semispan
~ Gap in glove, 25V to 50% semispan
0 Glove on outer half semispan
= X Glove on outer half semispan and
flap deflected 15°
9.4 —
CR —
(@)}
o
0.2
N
1 i
—
©.0 . T T A gt i g I S B M S AN G R
-192 (%) 10 20 39 40 =%

ALPHA
Figure 13 - Rolling moment coefficient vs. o for NACA 0015 wing with leading edge

modifications on inboard half semispan, Rec = 2.0 x 106.
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——— e ———

O Baseline NACA 0015, aspect ratio 6

—
A Gap in glove, 37.5% to 50% semispan
=1 + Gap in glove, 25% to 50% semispan
0O Glove on outer half semispan
-
X Glove on outer half semispan and
= flap deflected 15°

20

ALPHA
Figure 14 - Yawing moment coefficient vs. a for NACA 0015 wing with leading edge

modifications on inboard half semispan, ReC = 2.0 x 10°.
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0010 R

O Baseline NACA 0015, aspect ratio 6

-
_4 A Gap in glove, 37.5% to 504 semispan
—

= Gap in glove, 25% to SO% semispan
O Glove on outer half semispan
X Glove on outer half semispan and

flap deflected 15~

W 2 SRS
—
-9.10 5SS 3 | =11 11 T T T T T

=19 % 10 20 39 40 S0
ALPHA
Figure 15 - Side force coefficient vs. a for NACA 0015 wing with leading edge

: g : ; : ; 6
modifications on inboard half semispan, ReC = 2.0 x 10",



O Baseline NACA 0015, aspect ratio 6
A Gap in glove, 37.5% to 50% Semispan
- Gap in glove, 25% to 50% semispan
— O Glove on outer half semispan
X Glove on outer half semispan and
flap deflected 15°
2.8~
-
0 . 6 =
‘,’_-J . 4 -
O . 8 =
—1
G S L L L A e e e A R
=10 o 10 20 30 40 sa@
ALPHA

a) Chordwise location of center of pressure.

Figure 16 - Center of force location vs. « for NACA 0015 wing with leading edge

modifications on inboard half semispan, Re.

- 2.0 x 10°.



v9

4 S i —————
QO Baseline NACA 0015, aspect ratio 6
A Gap 1n glove, 37.5% to S0% semispan
~+ Gap in glove, 25V to S0% semispan
= 0O Glove on outer half semispan
X Glove on outer half semispan and
flap deflected 15°
2.8~
—
I
v
‘1 -
-
.= foe e
—
U . a =
0.0 N R T T S i |

Figure 16 - Continued.

1%

ALPHA
b) Spanwise location of center of 1lift
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O Baseline NACA 0015, aspect ratio 6

A Gap in glove, 37.5\ to 30% semispan

+ Gap 1n glove, 25% to 50% semispan

D Glove on outer half semispan

X Glove on outer half semispan and
flap deflected 15°

0.6~

J.4-

\Il

Figure 16 - Concluded.

20
ALPHA

c) Spanwise location of center of drag
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Q Baseline NACA 0015, aspect ratioc 6

.1 A Gaps 1n glove, 25V to 37.5 4 and
62.5% to 75% semispun

<+ Gap 1in glove, 25% to 37.5% semispan

O Gap in glove, 50V to 62.5% semispan

X Glove on inner half semispan

-10 %) 10 =17 30 40 SQ

ALPHA
OO to 500

a) CI for a

Figure 17 - Lift coefficient vs. « for NACA 0015 wing with various leading edge modifications,

Re = 2.0 x 10°.
| @



Rl T ——
O Baseline NACA 0015, aspect ratio 6
A Gaps in glove, 251 to 37.5 { and

62.5% to 75% semispan
- —+ Gap 1in glove, 25% to 37.5% semispan

0O Gap 1n glove, 503 to 62.5% semispan
X Glove on inner half semispan

1 . E

1.0

CL -

2] 10 29 30
ALPHA

b) CI expanded scale

Figure 17 - Concluded.




QO Baseline NACA 00153, aspect ratio 6

A Gaps in glove, 25% to 37.5 \ and
62.5% to 75% semispan

. + Gap in glove, 25% to 37.5% semispan
O Gap in glove, 50% to 62.5% semispan

X Glove on 1nner half semispan

80
(N
SN

1

ALPHA
0 o)
a) Data for ¢ = 07 to 50

Figure 18 - Drag coefficient vs. a for NACA 0015 wing with various leading edge
modifications, ReC = 2.0 x 10°,
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CD

O Baseline NACA 0015, aspect ratio 6

A Gaps in glove, 254 to 37.5 4 and
-ﬁ 62.5% to 75% semispan

-+ Gap 1n glove, 25% to 37.5% semispan
- 0O Gap 1n glove, 50% to 62.5% semispan

X Glove on inner half semispan

1 1
nT T

ALPHA
b) Data for o« = 0° to 20

Figure 18 Concluded.
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. [

_{ QO Baseline NACA 0015, aspect ratio 6
—

love, 25V to 37.5 % and
75V semispan

A Gaps :
62.5%

~+ Gap in glove, 5% to 37.5% semispan
0O Gap 1n glove, 503 to 62.5% semispan

= X Glove on inner half semispan

chi

~J
-}

ALPHA

Figure 19 - Pitching moment coefficient vs. « for NACA 0015 wing with various
S o ~ =

leading edge modifications, ReC = 2.0 x 1()0.




Q Baseline NACA 0015, aspect ratio 6

A Gaps inglove, 25% to 37.5 § and
62.5% to 75% semispan

+ Gap 1n glove, 25% to 37.5% semispan
0O Gap in glove, 50% to 62.5% semispan

X Glove on inner half semispan

CR —

ALPHA

Figure 20 - Rolling moment coefficient vs. « for NACA 0015 wing with various

leading edge modifications, ReC = 2.0 x 106.



QO Baseline NACA 0015, aspect ratio 6

A Gaps in glove, 253 to 37.5 4 and
62.5% to 75% semispan
—+ Gap 1n glove, 253 to 37.5% semispan

O Gap in glove, 50% to 62.51

X Glove on inner half semispan

-10

LG G

ce
ALPHA

Figure 21 - Yawing moment coefficient vs. a for NACA 0015 wing with various

. — . €
leading edge modifications, ReC = 2.0 x 10°.
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Figu

1

-1

-y

10

T
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ALPHA

re 22 - Side force coefficient vs. a for NACA 0015 wing with various leading

edge modifications, Re
C

= 2.0 x 10°.
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O Baseline NACA 0015, aspect ratio 6
A Gaps inglove, 25% to 37.5 % and
62.5% to 75% semispan
- -+ Gap in glove, 25Y to 37.5% semispan

0 Gap in glove, S0% to 62.5% semispan

X Glove on inner half semispain

0.6~ ff——————-

RLPHA
a) Chordwise location of center of pressure
Figure 23 - Center of force location vs. a for NACA 0015 wing with various leading

R . 6
edge modifications, Rec = 2.0 x 10°.
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O Baseline NACA 0015, aspect ratio 6

A Gaps in glove, 25% to 37.5 % and
62.5% to 75% semispan

— + Gap in glove, 25% to 37.5% semispan
O Gap in glove, 50V to 62.5% semispan

X Glove on inner half semispan

0

Q.

[0 I S B T

P

B, G fos o wmemss Lo

0.9 T 17T T 11 S0 I R T 11 1T 11 LI
=12 7 10 20 30 40

ALPHA
b) Spanwise location of center of 1lift

-

Figure 23 - Continued.
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O Baseline NACA 0015, aspect rTatio 6

A Gaps inglove, 25% to 37.5 1 and
62.5% to 751 semispan

7] + Gap in glove, 25% to 37.5% semispan
0 Gap 1n glove, 50% to o62.
X Glove on inner half semispan
.8
-
0 ~
4 A = R Gl
—

o

)

Figure 23 - Concluded.
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={%) 30

ALPHA

c) Spanwise location of center of drag
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O Baseline NACA 0015, aspect ratio o
i A 1431 Clark Y on entire leading edge
] Decreasing angle of attack indicated by arrow
[ o k¥ =g ==
— —
—
12
h (ol | 1 |
= o 1
n.s —t . A\ 4 } L] 1]
{ 1| |
— W it i
| l L |
- T s T
L VA N
3 & ‘.\‘ ’ !
- 6 / ﬁ ‘_4\4
o ; L B
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‘ < ‘ AW—\_‘T_‘
T - — - " ] \
3.9 L] .
— 2l— 1 . \\‘
| ! \
] a}'—‘!'-‘ ; - A
L | || D
1 o° 20° a0° &0 80°
o
- Clark Y wing aspect ratio ¢,
. Reynolds No. = 153,t m Ref. 19
—0.5 N LI B O B B N D B L B B B
-1 @ © 10 20 30 40 S0
ALPHA
3 | (e} (¢}
a) LI for « = 07 to 50

Figure 24 - Lift coefficient vs. o (including hysteresis) for NACA 0015 wing with

various leading edge modifications, Re_ = 2.0 X 10°.
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O Baseline NACA 0015, aspect ratioc 6
A Gap in glove, 37.51 to 5U% scmispan
—+ Glove on outer half semispan

Decreasing angle of attack indicated by arrow

CL 9.5

-0.5 [ R N e O W R R B G B S B e
-10 %) 10 =20 30 40 1Y%

ALPHA
a) Concluded.

Figure 24 - Continued.



6L

&

———— e e —— -

QO Baseline NACA 0015, aspect ratic 6

A 143 Clark Y on entire leading edge

—
Decreasing angle of attack indicated by arrow
1.2
* b
-y z
-
1 . O --r——_-_-—'——-.-_ s
o
6 . d N g =
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O 10

Figure 24 - Continued.

2o 30 40
ALPHA
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