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1. Introduction

1.1 Problem Statement

Most of the research and published work related to tiltrotors stems from issues or
problems encountered during aircraft development. For example, there are numerous
reports and papers discussing the XV-15 aeroelastic issues and the subsequent efforts to
solve the problems. More recently, based on a series of events in the V-22 Osprey
program, documentation has been published regarding vortex ring state (Reference 1 and
2), shipboard compatibility, formation flight (Reference 3), Short Take-Off and Landings
(Reference 4), general flying qualities test results (Reference 5), etc. There exists,
however, little publicly domain literature on tiltrotor acromechanics versus airplane and
helicopter aeromechanics. Therefore, the released documentation on simple modeling of
tiltrotor aircraft and handling qualities analysis using these models has even less

availability.

Documentation that describes the basics of the tiltrotor using the basic Euler equations,
flapping equations of motions, and basic helicopter and airplane theory is difficult to find.
Some general information on the stability and control of tiltrotors can be found in the
Generic Tiltrotor Simulation (GTRS) documentation of the XV-15 modeling as
documented by Sam Ferguson of Systems Technology, Inc. (Reference 6 and 7), and of
the Bell 301 modeling as documented in Reference 8. While some of the basic equations

were used in the GTRS model, they tend to get lost in the complexity of the system. In



order to achieve better flight correlation, the GTRS uses table lookups and correction

factors, instead simple physical equations to model the aircraft.

Some modeling of the stability and control characteristics of a tiltrotor was performed by
Gary Klein and is documented in Reference 9. This analysis, however, focused on
modifying existing design codes to model a tiltrotor in airplane mode and in helicopter

mode only.

Recently, the European Union took the initiative on tiltrotor research in an effort to
develop technologies that would help to alleviate the congestion at European airports by
using short-range transportation systems. One of the civilian tiltrotor research projects
was entitled Rotorcraft Handling, Interactions and Load Predictions or RHILP (Reference
10). The main areas to be addressed in this project were handling qualities criteria,
aerodynamic interactions, and transient structural loads. Tiltrotor modeling and
simulation development was performed via commercial software, FLIGHTLAB and
HOST (Reference 11), with the models based on open source XV-15 data. The
development of the models, however, was not open source. These models were then used
for tiltrotor research including the development of handling qualities criteria for civil
tiltrotors, (References 12 and 13), loads calculation, low speed and hover tiltrotor

characteristics (Reference 14).

The purpose of this thesis was to develop a simple open-source model of a tiltrotor for

airplane mode, conversion mode, and helicopter mode flight using the basic equations of



motion. The model developed for this project focused on the stability and control aspects
of a tiltrotor aircraft from the perspective of a simple linear analysis without regard for
the complex aerodynamics, structural couplings, downwash interactions, etc. that in
reality depict an actual tiltrotor. In general, it also did not attempt to add in any

correction or scaling factors to obtain a better match with flight data.

The goal was to develop a simple model for use in tiltrotor analysis rather than dealing
with a complex model that is normally used in tiltrotor analysis. By using a simple
model, the basic aerodynamics and dependencies can be more easily recognized, without
having to deal with the scaling factors, approximations, and ‘fix-it’ tables normally
associated with tiltrotor models. An assessment of the ability of the simple model to

predict tiltrotor characteristics was also performed.

1.2 XV-15 Tiltrotor

1.2.1 Tiltrotor History

Tiltrotor aircraft are hybrid aircraft that attempt to combine the hover capability of a
helicopter with the speed and range of an airplane. The most well-known tiltrotors are
the XV-15 and the V-22 Osprey, even though development of the tiltrotor concept began
earlier in the 20™ century with the Bell Helicopter XV-3 and the Transcendental Aircraft
Corporation Model 1-G and Model 2. The XV-15 was jointly developed by the US
Army, NASA, and the US Navy as a tiltrotor technology demonstrator. The XV-15
predecessor, the XV-3, had serious stability issues that threatened the program. The XV-

15 resulted from research into the XV- 3 issues, new technologies, new test techniques,



and basic technological advancement. The XV-15 was another concept demonstrator for

the tiltrotor design. (Reference 15)

Based on the results of the XV-15 testing, the V-22 program was stood up. The V-22 was
the follow on operational aircraft developed jointly by Bell-Boeing for the US Marine
Corps, US Air Force Special Operations Command, and the US Navy. (The US Army
was originally involved in the program; however, they later withdrew participation and

funding.) (Reference 15)

1.2.2 General Aircraft Description
The aircraft used for this analysis is the XV-15 research aircraft (Figure 1). The XV-15 is
a dual tandem proprotor tiltrotor aircraft with a high wing, center fuselage, and counter-
rotating proprotors. The empennage consists of an H-tail. The proprotors are located
laterally each side of fuselage centerline. Each proprotor has a diameter of 25 ft and a
distance of 57 ft 2 in from the outermost tip of the left proprotor to the outermost tip of
the right proprotor. The wing has full span flaps and the ailerons that are actually
flaperons that provide roll control via differential deflection. In a hover, the wing flaps
and flaperons are deflected full down to reduce the wing download. The aircraft is
powered by two T-53-L-13B engines, housed in wing-tip mounted nacelles under each
proprotor. The engines were re-designated LTC1K-4K after they were modified for
starting and operating vertically (Reference 15). The nacelle rotates from 90° mast angle

(Bm) 1n airplane mode to 0° Sy, in hover. The nacelles could actually be rotated aft past



vertical to —5° Sy, which enhanced rearward flight capability. The basic aircraft

characteristics and parameters used for this model can be found in Appendix A.

The tiltrotor is said to be in “helicopter mode” when the nacelles are vertical with respect
to the wing (0° Sy), thereby positioning the proprotors as a helicopter proprotor. The
aircraft is said to be in “airplane mode” when the nacelles are parallel to the wing (90°
LSu), thereby positioning the proprotors as an airplane propeller. Hence the
rotors/propellers are called proprotors. The flight regime where the nacelles are between

helicopter and airplane mode is called “conversion mode”.

Tiltrotor aircraft convert/transition from helicopter mode to airplane mode by rotating the
nacelles and proprotors so they point forward and function as propellers. As such, most
analyses of these aircraft have focused on the primary phases of flight: vertical take-off
and landing (VTOL) mode for takeoff and landing and airplane mode (APLN) for cruise
flight. The flight regime where the proprotors are not in a position to act as a pure
helicopter or a pure airplane is called conversion mode (CONV). This regime was
originally seen as simply a transitional flight phase. However, through further
development, the potential benefits of operating the aircraft in conversion mode has

become of greater interest.

As will be seen in the following discussions, by design, a tiltrotor is a compromise.



Figure 1: XV-15 Aircraft (Reference 15)

1.2.3 Proprotor
Each proprotor system is composed of a 3-bladed, stiff in-plane proprotor mounted on a
gimbaled hub. The gimbaled hub allows for proprotor pitch changes to move the entire
proprotor system rather than causing each blade to flap individually as in an articulated
hinged proprotor. For this analysis, the proprotor system was treated as an articulated

system. The hinge offset is zero.

1.2.4 Proprotor Blades
The blade twist for proprotors blades is a compromise between the optimum twist for
helicopter mode and that optimum for airplane mode. The designers were essentially

trading hover performance and speed. The resulting blade was a highly twisted proprotor

blade.

Typical helicopter blade twists are on the order of 10°. Typical propeller blade twists are

much greater (around 60° or more at the root). The tiltrotor blades have a root blade twist



magnitude of —40° for the XV-15 and —47° for the V-22. The blade twists for the tiltrotor
are neither optimal for a helicopter nor an airplane. Instead, the proprotor twists are a
compromise between having the ability to hover and having the ability to fly at high
speeds in airplane mode. Hence, while tiltrotor aircraft are capable of hovering and
flying at high speeds in airplane mode, they are not the best at either. Tiltrotors are
adequate helicopters and adequate airplanes, but their strength comes from their

versatility to do both and fly in the configurations in between.

For the purpose of this analysis, the twist of the proprotor blade was approximated as

linear to simplify the analysis (Figure 2).

Blade Twist

45

40 !\
35

Twist(deg)

O T T T T v
0 0.2 0.4 0.6 0.8 1 1.2

Blade station, r/R

Figure 2: XV-15 Blade Twist

1.2.5 Control Strategy
As the tiltrotor is a hybrid aircraft, it uses both helicopter and airplane control strategies
to control the aircraft. In helicopter mode, the tiltrotor uses conventional helicopter

control strategies: collective pitch with lateral and longitudinal cyclic pitch to change the



tip path plane tilt. Since the proprotors are counter-rotating, the need for a tail rotor
as an anti-torque device is eliminated. In airplane mode, the tiltrotor uses conventional

airplane mode control strategies via rudders, ailerons, and an elevator.

While in conversion mode, tiltrotors use a combination of the classic helicopter and
airplane control strategies. As the nacelles are rotated forward from helicopter towards
airplane mode, the amount of control required from the proprotors decreases as the
dynamic pressure increases and the airplane mode control surfaces become more
effective. Once the nacelles are positioned for airplane mode, the proprotor contribution
to lift has essentially been phased out and essentially only the thrust effects remain. The
airplane control surfaces are always active, even though they don’t have much effect at

low airspeeds.

In addition to the classis control strategies, tiltrotors also implement some more unique
control methodologies. In helicopter mode and higher nacelle conversion mode, roll is
articulated via differential collective pitch on the proprotors. For example, for a left turn,
the collective pitch is increased on the right proprotor to increase thrust and the collective
pitch is decreased on the left proprotor to decrease thrust. The thrust imbalance

combined with the large moment arm of the proprotors results in a roll.

As stated previously, tiltrotors do not have tail rotors for directional control. Directional
control is attained via differential longitudinal cyclic. For a left yaw, the right proprotor

is tilted forward and the left proprotor is tilted aft. The resulting moment creates a yaw.



The XV-15 also has a rotor governor which is used to automatically maintain the pilot
selected RPM via automatic collective pitch inputs at the rotor. These inputs are in

addition to the pilot generated collective control inputs.

1.2.6 Control Inceptors
Another challenge for tiltrotor designers was what type of control inceptors to
incorporate. Since the tiltrotor was required to take off and land like a helicopter, many
designers felt it was best to use the helicopter control inceptors: a cyclic stick, collective
stick, and pedals. However, the tiltrotor would spend a lot of time in cruise as an
airplane, which led many designers to believe that airplane control inceptors would be
best: a yoke or stick, throttle, and pedals. The main debate centered on the collective
stick or throttle. For a helicopter, the collective stick is used to control vertical motion.
By pulling up on the collective stick, the aircraft would go up and by pushing down on
the collective stick, the aircraft would go down. For an airplane, the throttle controlled
forward velocity. Pushing the throttle forward causes the airplane to go faster and pulling

back on the throttle would cause the aircraft to slow down.

For tiltrotors, this is an issue because of the desire to have a single controller function as a
helicopter collective stick and an airplane throttle. To increase vertical speed in
helicopter mode using helicopter control inceptors, the pilot would pull up on the
collective stick. This motion resulted in an increase in speed. As the nacelles are rotated
forward, pulling up on the collective stick would still increase speed, however, the
direction of the speed increase would change due to the nacelle rotation re-orienting the

thrust vector from the proprotor. Once the nacelles were on the downstop and the



tiltrotor was in airplane mode, pulling up on the collective would still increase speed, but

this time it would result in an increase in forward velocity. Here in lies the problem.

The physical motion of pulling up on a collective stick is the same as that motion
required to slow down an aircraft, not cause an aircraft to increase speed. If a
conventional aircraft throttle was used, a similar problem would occur in that in airplane
mode, pushing forward on the throttle would cause an increase in speed. In helicopter
mode, pushing forward on the ‘throttle” would cause an increase in vertical speed. This
physical motion is again counterintuitive in helicopter mode as the arm extension
required to push the throttle forward to increase speed, would, for a collective, cause a

descent instead.

The designers of the XV-15 decided to use the helicopter-type control inceptors. A
center cyclic stick was used for pitch and roll control. Pedals were used for yaw control.
And a collective-like power lever was used to control vertical motion in hover and
airspeed in forward flight. While transitioning from helicopter mode to conversion mode
to airplane mode, the controls transition between airplane mode and helicopter mode

functions.

1.2.7 Engine Placement
Both the XV-15 and V-22 have their engines located in the nacelles at the end of the
wings. This results in the roll moment of inertia (about the x axis), /., being much
greater then the pitch moment of inertia, /,,. Usually, helicopters and airplanes have a

much larger /,, than /.. The large /., results in a large roll inertial which causes an
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increased delta-thrust to start a roll and an increased delta-thrust to stop the roll once it
had been established. This large roll inertia can also cause other lateral control issues.
As shown in Table 1 below, for the XV-15 and V-22, the ratio of I, to 1., is
approximately 80% while the ratio of 1, to . is approximately 30%. For helicopters and

airplanes, the ratios are on the order of 30% and 70% respectively.

Table 1: Moment of Inertia Comparison

IX)C ]yy [zz ]XX/IZZ (%) ]yy/IZZ (%)

xXv-150 52,795 21,360 66,335 79.6 32.2
Cc-172 @ 948 1,346 1,967 48.2 68.4

C-5 @ 119,100,000 | 31,300,000 | 47,000,000 | 40.6 66.6
Puma @ 9,638 33,240 25,889 37.2 128.4
B-747 @ | 18,200,000 | 33,100,000 | 49,700,000 | 36.6 66.6
BO-105 @[ 1,433 4,973 4,099 35.0 1213
Lynx @ 2,767 13,904.5 | 12,208.8 | 22.7 113.9
F-16C @ 6,702 59,143 63,137 10.6 93.7
(1) Reference 7

(2) Reference 16

(3) Reference 17

1.2.8 Operating Envelope
The airspeed limits for each nacelle angle between helicopter mode and airplane mode is
dictated by the conversion corridor. The overall maximum airspeed of the XV-15 is 170
kts in conversion mode; however, at higher nacelle angles, the maximum airspeed
decreases. The lower boundary of the conversion corridor is defined by the wing loading

limits: wing stall. The upper boundary of the conversion corridor is defined by the blade
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loading limits: blade stall and compressibility effects. The conversion corridor is shown

in Figure 3.

1.2.9 Changing Rotation Velocity

Tiltrotors change proprotor rotational velocity as they change configuration. The
proprotor speed for helicopter and conversion modes is 589 RPM. The proprotor speed
for airplane mode is 517 RPM. The proprotor RPM at 90° S, can be either 517 RPM or
589 RPM. The aircraft is only considered to be in airplane mode once the RPM change
has occurred. The change in proprotor RPM is to reduce tip speed in airplane mode,
which reduces the tip Mach number, thereby allowing for a greater maximum forward

airspeed prior to tip compressibility effects.
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Figure 3: XV-15 Conversion Corridor (Reference 15)
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1.2.10 Center of Gravity Shift with Nacelle Movement

An additional facet of tiltrotors is that as the nacelles are rotated forward from helicopter
to airplane mode, the aircraft center of gravity (CG) moves and the moments of inertia
change. The XV-15 CG envelopes for airplane mode and helicopter mode are shown in
Figure 4. For simplicity’s sake, tiltrotor CGs are usually discussed with respect to the
helicopter mode CG so the nacelle effect is eliminated. The changes in moments of
inertia due to nacelle movement are shown in Figure 5 with the corresponding equations

shown below.
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Figure 4: XV-15 Longitudinal Center of Gravity Envelope (Reference 7)
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1., =1.,-KIBy

I, =1,,-KI2f,

I1.,.=1_,+KI3p,
1., =1.,-KI4p,,

xz0

where

Lx0, L0, 10, and I are the helicopter mode values for I, 1y, L., L., respectively

P is the mast angle in degrees

KI1, KI2, KI3, KI4 are the inertia coefficients in slug-ftz/degree
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2. Governing Equations / Math model

The basic methodology used for this model was that the tiltrotor is a hybrid aircraft.
First, development started with airframe equations. Then, proprotor equations were
developed. To get conversion mode equations, the transition information needed to be
incorporated. Essentially the airplane and helicopter mode equations were determined
and then a trade-off was made between wing-borne flight and proprotor-borne flight to

transition between the two states as nacelle changed.

2.1 Model Scope

Model complexity is always a balance between model applications, complexity,
validation capabilities, understanding of the engineering of the issues, model flexibility,
and, of course, cost. An assessment of the minimum model complexity required for
piloted simulation for handling qualities applications was performed by Heffley and
Mnich and is presented in Reference 18. While this discussion focused on real-time
piloted models, the list of desired features can be used as a starting point for development
of this tiltrotor model. The list focused on those areas and equations that directly affect
the areas to be looked at from a handling qualities perspective and also covers those

features that would be observed or needed by the pilot.

The following is the summarized list of desired features:

1. All rigid-body degrees of freedom.
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2. Hover and forward flight dynamic modes

3. First-order flapping dynamics for the rotor (coupled or uncoupled).

4. Main rotor induced velocity computations (A first order approximation using
momentum theory is sufficient.)

5. Potential for rotor RPM variation (Per Heffley and Mnich, assuming constant

RPM is satisfactory for most applications.)

Desired features not included in this model are as follows:
1. Realistic power requirements over the flight envelope
2. Rearward and sideward flight without computational singularities
3. Dihedral effect
4. Correct transition from hover to forward flight

5. Correct power-off glide for minimum rate of descent and maximum glide.

Realistic power requirements are mainly required for assessing issues with tail rotor
aircraft. Dihedral effect, correct transition from hover to forward flight, and correct
power-off glide are especially important for piloted simulations and are not explicitly
covered here. For this model, the trigonometric form of the angle of attack and sideslip

equations were used, therefore allowing for singularities.

The above features were used as a starting point for the helicopter mode model.

Additional restrictions to scope were made in keeping with the simple model concept.

Therefore, the development of the rotor equations followed the development outlined in
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Reference 19 which also limited the rotor to an articulated flapping rotor with no lead-lag
degree of freedom. Simple modifications to this development for tiltrotor specific factors
such as rotor blade twist, flapping spring, and hinge offset were, however, included. The
airplane mode model was developed using the standard airplane equations for lift and

drag.

For simplicity, the proprotor analysis developed here is only shown for the right hand

rotor (MR1). Extraction of the second rotor’s equations (MR2) can be found in

section 2.6.

2.2 Trim Routine

The basic equations governing flight are that, for trim:
2. Forces =0

> Moments = 0

Each component’s contributions to the forces and moments should be taken into
consideration. The components of interest are the fuselage, wing, horizontal tail, two

vertical tails, and the two proprotors. The nacelle effects are not included in this analysis.

Therefore, for example, the force in the x direction is:

X=X4e+X + Xpur + Xy + Xy + Xypi + X pro

wing
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These forces and moments are used in conjunction with the nonlinear, rigid body
equations of motion, known as the Euler equations. The Euler equations, shown below,
are a set of three force equations, three moment equations, and three kinematic equations,

one for each body axis.

X =mlii + qw—rv)+m,.gsin@

Y =m(y + ru— pw)—m,, g sin pcos @
Z=m(v'v+pv—qu)—macgcosqocosé?

L=l p~1 1 Jar+ 1,07 = a? )~ 1 (pg+ )+ 1, (pr— )
M=1,4-(, 1. )pr+1.(p* =)~ 1, (qr+ p)+1,.(pg—7)
Nl -1y 1, )pa+1,la% - p?)-1,.(pr + @)+ 1. (gr - )
p=¢-ysind

g =0cos @ +yrsin g cosd

r =y cospcosd —Osing

For simplicity, the assumption can be reasonably made that the x-y plane is a plane of

symmetry; therefore /., and /,. are small and can be neglected.
Note: p, g, r, u, v, w are defined with respect to the body axis system.
Additional discussions on the trim equations and trim solution will follow the discussions

on the individual component force and moment development.
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2.3 Axes Systems

First the reference axes need to be defined. The axes systems are: the gravity axis
system, the body axis system, the nacelle axis system, the non-rotating hub axis system,
the rotating hub axis system, and the prime axis system. In order to transfer forces,
moments, and motions between coordinate systems, the coordinate transfer matrices were
developed. The matrices are shown below as each axis system is introduced. The

relative reference locations of the axes systems are shown in Figure 6.

2.3.1 Gravity Axis System

The gravity coordinate system is defined with respect to the aircraft and the Earth. The z-
axis always points vertically down towards the center of the Earth. The x-axis points
North, the y-axis points East. The gravity coordinate system is centered at the aircraft

CG. For simplicity, only the gravity-to-body axes transformation is included here.

cosf cosy cosfsiny -sinf
T, =|singsinfcosy —cosgpsiny sin@sinfsiny +cos@cosy singcosl

cospsinfcosy +sin@siny  cos@sinfsiny-singcosy  cos@cost

20



NOTE: = 0°in this figure

Figure 6: Reference Axis Systems
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2.3.2 Body Axis System

The body axis system is the conventional National Advisory Committee on Aeronautics
orthogonal aircraft axis system. The x-axis runs along the longitudinal axis directed out
the nose of the aircraft, the y-axis is directed out the right wing, and the z-axis is

perpendicular to the x and y axes, directed downward. The body axis system is centered

at the aircraft CG, fixed to the aircraft and rotates with it.

i cosPy 0 sinPy |1
j =0 1 0 j
K] ac L=sinPy 0 cosPy | k],
i -cosfy O -sinfy, ||i
ibo=lo 1 0 j
k) e LsSinfBy 0 -cospy |k,
i -cosy cosf,, siny -cosy siny |{i
J =|siny cos fy, cosy  siny sinf,, [/
k| por 1SINBy 0 - cos By k],
i’ i
J =T J
k' kj,
-cos ff cosy cos B, +sinf sinfB,, siny cosf -cospf cosy sinf,, —sin S cos S,
Ty, =|siny cosf), cosy siny sin S,

cosy sin ff cos B, +cosf sinf,,  -siny sinf cosy sinf sin S, —cos S cos B,
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2.3.3 Nacelle Axis System

The nacelle axis system is defined originally with the nacelle at 0° £, in helicopter mode.
In this configuration, the x-axis runs parallel to the aircraft body axis, the y-axis runs out
the right wing, and the z-axis is perpendicular to the x and y axes directed downward.
The nacelle axis system is centered on the nacelle axis of rotation. The nacelle axis

system is fixed to the nacelle and therefore rotates with the nacelle about the y-axis (axis

of rotation).

i cosfBy 0 -sinf,, ||i

jr =|0 1 0 J

kg sinfy 0 cospfy |k,

i -1 0 0ffi

j =0 1 0KyJ

k) e 10 0 -1jlk), -

i -cosy siny 0 |{i

J =|siny cosy O0)

k ROT 0 0 -1k NAC

i’ -cosff cosy siny cosf -sinf ||i
j'r=|siny cosy 0 j
k' sin f cosy  -sinf siny -cosf ||k

NAC
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2.3.4 Non-rotating Hub Axis System

The non-rotating hub axis system is centered at the proprotor hub on ‘top’ of the nacelle.
When in helicopter mode, the x-axis is parallel to the aircraft body axis, however it is
directed aft. The y-axis is parallel to the y-body axis, in the same direction. The z-axis is
perpendicular to the x and y axes directed upward. The non-rotating hub axis system is

fixed to the hub, therefore when the nacelle rotates, this axis system moves with it.

i -cosfy, 0 sinp,, ||i

jr =|0 1 0 J

ki |-sinfy 0 -cosfy |k,

i (-1 0 olfi

J =10 1 J

k NaC L 0 -1j{% NR

i [cosy siny 0 |[i

J =|-siny cosy O|J

k) eor L0 0 1K)

i’ cosfi cosy cosf siny sinpf ||i
j'r=|-siny cosy 0 J
k' -sin f cosy -sin f siny cospf ||k

NR
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2.3.5 Rotating Hub Axis System

The rotating hub axis system is centered at the proprotor hub on top of the nacelle. The
coordinate system rotates with the blade and, since its origin is hub-fixed, it moves with
the nacelle. The system is defined at the point when the proprotor blade passes over the
tail of the aircraft. At this point, the x-axis runs parallel to the aircraft body axis, however
it is directed aft. The y-axis runs parallel to the y-body axis and in the same direction.

The z-axis is perpendicular to the x and y axes and is directed upward.

-cosy cosf,, cospB,, siny  sinf,, ||i
=|siny cosy 0 J
-sin B, cosy  sinf,, siny  -cosf,, ||k ROT
-cosy siny 0 |[i
= smt// cosy OfKJj
0 1 k) or
cosy -siny O |[i
= sml// cosy/ 015/
V) ror
cos,b’ 0 sing ||
0 J
—smﬁ 0 cospf|lk rOT
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2.3.6 Prime Blade Axis System

The prime blade axis system is centered at the blade hinge point (located at the proprotor

hub for zero hinge offset, located at the hinge for blades with hinge offset). The x-axis

runs parallel to the blade, directed out the blade. In an un-flapped condition, the z-axis is

directed downward and the y-axis is then perpendicular to the x and z-axes directed in the

opposite direction of rotation. The primed blade axis system flaps with the blade.

i -cosy cospfy, cosf+sinfy, sinff  cospf,, siny
jr =|cosp siny cosy

k 5 -sin 8, cosy cosf —cosfB;, sinf sin f;, siny
i -cosy cosf siny sinpf cosy ||

j =|siny cos f cosy -sinf siny [/
k NAC -sin S8 0 -cos k

i cos f cosy -siny -cosy sinf||L

i =|cosf siny cosy -siny sinf j,
k) Lsinp 0 cos f3 k

i cosfp 0 -sinf]|i

j =0 1 0 j

k ROT sinff 0 cosp ||k
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2.4 Airframe Forces and Moments

2.4.1 General
The trim equations for the aircraft depend on the forces and moments of each component.
The proprotor contributions are discussed in section 2.5. The methodology used to
calculate the airframe forces and moments is to determine the lift and drag of each
component, and then, using the relative position on the aircraft, determine the associated

body axis forces and moments. By definition:

1. Dynamic pressure: g = % pV?
2. Lift: Liﬁz%szACL

3. Drag: Drag =%pV2ACD

The forces and moments from the airframe were gathered from Reference 20 and 21.
The airframe components used for this analysis were the wing, fuselage, horizontal tail,
and vertical tails. For the purposes of this analysis, the lift and drag from the nacelles
were ignored. The following main assumptions were used in the development of these

equations:

Airframe assumptions:

] D
1. C,= " and cp= P8
g4 g4

2. (Cy 1s linear therefore C;, = C;, a.

3. Cy1is linear therefore Cyy = Cuyy a + Cipo.
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4. Drag Coefficient: Cp= Cpo+ k Cc?

5. Wing has a constant airfoil section

6. Proprotor effects on the airflow over the wing and other aircraft components are
negligible. [Note: this assumption is not strictly valid for a tiltrotor; it was made
as a simplifying assumption.]

7. The small angle assumption was made for the angle of attack and sideslip angles.

See Figure 7 for a pictorial view of the forces and moments acting on the aircraft in

airplane mode flight.

Dur
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Figure 7: Forces and Moments Acting on the Aircraft (Reference 22)

2.4.2 Wing

The velocities at the wing are a sum of the freestream velocity and the velocity due to

angular rates. For the purposes of this analysis, the velocities due to angular rates over
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each wing were assumed to be equivalent to a constant velocity profile equal in
magnitude to the velocity /3 from the wing root (angular velocity at 2/3 distance from

wing root to wing tip (b/2) = b/3). Therefore, the velocities at the wing are

rb,,
3
V.. = %
wing ,R
b
wa Pow
L 3 -
- . rb_w -
3
Vwin L= v
: pb,,
(. 3 -

_ 2 2
Vwing,TOT =4 U +w

wing wing

The equations for lift and drag developed for the wing are as follows:

. 1 5 Awing oC, fap 0C 4t
Lift ;.. =—pV:"——la,l\a, -0, )+ ——0d,4,, ———— .
f wing,L 7 P 2 w( w oL ) aaﬂap Slap 65‘111 ail
. 1 2 Awing aClﬂap aClail
Lift or ==pV" " —\a,\a,, —a, )+ ———0 4, + —— 0
f wing,R 2 P 2 w( L ) aéﬂap Slap aéail 1
A (
Drag wing,L = qw[ng Wzng CD,wingL
A

_ wing
Dragwing,R - qwing 2 CD,wingR

where:
w, .
_ -1 wing
A ing = tan | ——
uwing
k B 1
wing —
7k wing AR,wing
dC dc
_ 2 D, flap D, flap
CD,wing - CDO,wing + kwing L,wing S 5ﬂap + d oa
Jlap @
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Which gives the following contribution to the forces and moments:

X \ying = Lift e sine,, — Drag,,,, cosa,,

wing wing
Ywing =0
Z g =—Lift,,,, cosa,, — Drag,,,, sina,,
b
_ w
Lwing,L - Ywingzw - Zwing 3
b
— w
Lwing,R - Ywingzw + Zwing 3
Mwing,L = Zwinglw - Xwingzw
Mwing,R = Zwinglw - Xwingzw
b
= _w _
Nwing,L - Xwing 3 Ywing lw
b
= _w _
Nwing,R - _Xwing 3 Ywinglw

Positive flap deflection is defined as trailing edge down. Positive aileron deflection is

defined as trailing edge down on the right wing.

2.4.3 Fuselage

The equations for lift and drag developed for the fuselage are as follows:

Liﬁ_ﬂme =4 fuse Awing I_af (af —OoLf )J
Dragfuse =9 fuse CD,fuse

where:

qf =%p(u2 +V2 +W2)

30



Of = OF - Iy, and

— 2 —
CD,fuse - CDO,ﬁtse + kfuseCL,ﬁtse - f

Which gives the following contribution to the forces and moments:

X juse = Lift g5, sina y — Drag 4., cosa
Y ;e = 0 (approximation, see Reference 21)

Z fuse = —Liﬁﬁwe cosa, — Dragfm sin ar

L 45 = 0 (negligible, see Reference 21)
Mﬁtse = qfuse sz’ng C(CM,Qf + Cquaf )_ ! fLiﬁfuse

Nﬁtse = fﬂFgf

2.4.4 Horizontal Tail
The velocities at the horizontal tail are a sum of the freestream velocity and the velocity
due to angular rates. Therefore, the velocities at the horizontal tail are
u—qhyr

Vir =|v—=rlyr + phyr

w+qlyr

[ 2 2
Vir ror =\Uur + War

The equations for lift and drag developed for the horizontal tail are as follows:

. Cyy
Lift yr = qur Apr| @ propr +W5e

e
Drag yr =4 yr AurCp ur

where:
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L 5
dur = E PVir ror

1| WHT .
oy = tan [ ]+1HT—5
Uyt

o€

oC, 4 O
flap © flap
8250 +£(QF _aOI’HT +—_J

6§_ﬂap a

w

1
kyr =——
7E yr AR,HT

2
Cpur =Cpour + kurCrur

Which gives the following contribution to the forces and moments:
X yr = Lift yr sina yr — Drag yr cosa yr

Yr =0

Z yr =—Lift yp cosayr — Drag yr sina gy

Lyr =0

Myr=Mopyr +CyrZyr = Zurhur

Nyr =0

Positive elevator deflection is defined at trailing edge down.

2.4.5 Vertical Tail

The velocities at the vertical tails are a sum of the freestream velocity and the velocity

due to angular rates. Therefore, the velocities at the vertical tails are
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u-— qlz,VT - ”ly,VT
Viry={v=rlyyr +pl_yr
wtql,yr + plyyr
u=gql_yp +rl,yr

Vira=| v=rlyyr + pl.yr

wHqlyr - ply,VT

_ [ 2 2
Vyrror =Nuyr +vir + wir

The equations for lift and drag developed for the each vertical tail are as follows:

. aCl,rud
Liftyr = qyr Ayr| ayrayr +75r

Dragyr =qyr Ayr CD,VT

where

2
qyr = EpVVT,TOT

_ V
aVT — tan 1 L
2 2
\VUyr +Vpr
k 1
vr = o,
7By Ag yr

2
Coyr =Cpoyr +kyrCryr

As the XV-15 has two vertical tails, the force and moment equations needed to be
duplicated for two tails, each with a different lateral offset from centerline. The

contribution to the forces and moments from each vertical tail is as follows:

Vertical Tail #1 (right):

33



Xyr = Liftyry sinayr — Dragyr, cosayr
Yyr =—=Liftyr, cosayr, — Dragyr sinayr
Zyr1 =0

Lyry =Yyril o yr + Zynil y yr

Myry =Zyrilcyr = Xy Copm

NVT] = _YVTlgx,VTl - XVTIEy,VTl

Vertical Tail #2 (left):

Xyry = Liftyry sinayr, — Dragyr cosayr,
Yyry ==Liftyry cosayry — Dragyr, sinayr,
Zyry =0

LVT2 =Yyt VT2~ ZVrzf yVT2

Mr/rz = Zvrzfx,vrz - erzg Z VT2

Nyro ==Yyralyra + Xyral yyra

Positive rudder deflection is defined as trailing edge right as viewed from above.

2.5 Proprotor Forces and Moments

2.5.1 General

The trim equations for the proprotor depend on the forces and moments of the proprotors.
The methodology used to calculate proprotor forces and moments is to determine the
aerodynamic and inertial forces on the blades, sum the forces and moments for all the

blades around the azimuth, and then transform the forces and moments into body forces
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and moments using the relative position of the proprotors on the aircraft. The following

development is for the right rotor (MR1).

The forces and moments from the proprotors were determined based on the technique

outlined in Reference 19. The following main assumptions were used in the development

of these equations:

Helicopter/proprotor assumptions:

1.

2.

Aircraft and proprotor blades are rigid bodies

Climb angles, pitch attitudes, and angles of bank are small.

All derivatives and partial derivatives (first order Taylor Series approximations)
are linear.

Lift curve slope and blade drag coefficient for the proprotor blades are an average
over the entire span of the blade and is not a function of the local blade
parameters around the azimuth.

Inflow through proprotor system is uniform.

The aircraft operates out of ground effect.

The two proprotors behave like two counter-rotating helicopter rotor heads.

The right proprotor rotates counterclockwise as viewed from the top and the left
proprotor rotates clockwise.

The airframe is out of proprotor wake influence.
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2.5.2 Flapping Equation of Motion
The flapping equation of motion was determined for a pitching, rolling, and yawing
articulated hub with a hinge offset (e¢) and a flapping spring. The forces acting on the
blade are inertial (due to blade rotation) and aerodynamic. The sum of blade forces must

equal zero and the sum of the moments at the hinge must equal zero.

When viewing the proprotor, the following forces and moments are acting on the blades:

1. Inertial force at the hinge due centrifugal forces

2. Aerodynamic lift and drag forces

3. Moment due to inertial forces because of the hinge offset
4. Moment due to the aerodynamic lift and drag

5. Moment due to the flapping spring

While these forces and moments are easiest calculated in the prime, rotating, and non-

rotating coordinate systems, they must be transferred to the body system for final trim

calculations.

Inertial Forces and Moments

In order to determine the inertial forces, we begin by looking at generic point P on the

blade (Figure 8).
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kyp = kpor
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Figure 8: Position of Point ‘P’ on the Blade

The position vector, Ryor, from the aircraft CG to the point P on the blade, as shown in

Figure 9, when converted into the rotating axis system is as follows:

— Ry; cosy cos By, + Ry; siny — Ry, cosysin B, +eR +r, cos

Rrorror = Ry; siny cos By, + Ry; cosy + Ry sinysin B,

Ry;sin By — Ry cos By, +r,sinf+ Ry o7

Since point P is rotating at the angular velocity, £2, as well as experiencing the pitch, roll
and yaw (p, ¢, r) in the body axes, the velocity of point P in the rotating system is

determined generically by:

d()_a()
7=?+a)x()
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Figure 9: Position of Point ‘P’ with respect to the Aircraft CG

where the derivative with respect to time is the total velocity, the partial derivative with
respect to time is the velocity in the rotating system, and @ is the angular velocity of the

rotating system with respect to the fixed system (in this case, the body system).

Vior ror= d(RTOT,ROT) _ a(RTOT,ROT ) T X ( RTOT,ROT ) where

dt ot
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p 0 — pcosy cos By +gsiny —rcosy sin By
wo=|q| +|0 =| psinycos By +gcosy + rsinysin fy
rlp 192 kor psin By —rcos By + 2 ROT

Therefore the total velocity of point P in the rotating axis system is:

Vs ror
VTOT,ROT = Vy,ROT

VZ,ROT
where

V.

X,
+(psinl//cos,BM +qcosgz/+rsim//sinﬁ’M)(RNi sin By — Ry cos By +7, sinﬁ+RH)

—(psinﬂM —rcos [y +Q)(RN1- siny cos S8y, + Ry; cosy + Ry, sint//sin/)’M)

ror = Ry Qsiny cos By, + Ry; By cosysin + Ry Qcosy + Ry Qsinysin S,

—RNk,BM cosycos By —r, sinﬁ,B

V, ror = Ry;Qcosy cos By, — Ry, By sinysin 3, = Ry Qsiny + Ry, Qcosy sin B,

—(—pcosc//cosﬂM +qsin(//—rcos1//sin,BM)(RNi sin fBy; — Ry cos By, +7, sin/:’+RH)
+(psinﬁ‘M —rcos [y, +Q)(— Ry; cosycos fBy, + Ry, siny — Ry, cosysin 8y, +eR+r, cosﬁ‘)

+ Ry, By siny cos B,

V.. ror =Ryiy 0SBy + Ry By sin By +r » cosfB
+(—pcosy/cosﬂM +qsinl//—rcosy/sin,b’M)(RM siny cos Sy, +Ry; cosy+ Ry sinl//sinﬁM>

—(psint//cos/?M +gcosy +rsinysinf), )(_RNi cosy cos By, +Ry; siny — Ry, cosysin By, +eR+r, cos,b’)

The acceleration of point P was determined similarly, where ( ) is now Vrzorzor.
In order to determine the inertia forces on the blade, the acceleration of point P needs to
be converted the prime coordinate system. The flapping moment about the hinge due to

inertia of the blade is defined as:

l-e
_ ’
M, = —ImaPzrp dr

0
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where
m is the distributed mass of the blade
a,. is acceleration of point P in the z direction as calculated above, converted from the

rotating to the prime coordinate system

The following simplifying assumptions were made:
1. There are no dynamic nacelle movements therefore ,BM =p =0

2. Proprotor angular velocity is constant therefore Q=0=0

The analysis was also modified to include:

1. The non-dimensional blade coordinate ‘x’ where x=r,R

I-e
2. The blade flapping inertia ‘7, " where 7, =R’ _[ mx?dx :%mR3(l —¢)’. The
0

reference blade flapping inertia for blades without hinge offset has an integrand

R
calculated from root (0) to tip (R) which gives 1, = R? I mx?dx = %mR3
0

The mass distribution of the blade is assumed constant, so the integral of m from root
(or offset) to tip is the total mass of the blade.

3. The blade Lock number where y=p a ¢ R* / I

4. The derivative with respect to blade azimuth position, 0/0y where
0/0t =Q0/0y . The notation for the derivative with respect to blade azimuth

position is a ‘*’ instead of a dot over the quantity.
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Another simplification method used is the concept of an ordering scheme. An ordering
scheme allows for simplification of the equations by assigning a relative magnitude to
each variable and then neglecting the small order of magnitude terms. The order of
magnitudes used are O(1), O(¢), O(&%), O(&), etc. Where ‘&’ represents a quantity of
approximately 0.1-0.2. For terms that have an order of O(&) or smaller, the relative
magnitude is 1% (0. 1%) to 4% (0.2%) when compared to a term with the order of
magnitude of 1 (O(1)). Small order of magnitude terms relative to the other terms in the

equation can be neglected in this manner. (Reference 19)

The following orders of magnitude were applied to the terms used in these equations:

O(l) RNi, RN]a RNka a/at 5 a/alﬂ aRHal/a R5 m, rp, ﬂM5 U, X, Y, COS, Sina 90; 915‘, ch, Htw

O(g):p5 q, r, e, ﬂ, ar, IBFJ }“

The ordering scheme was mechanized using a multivariate Taylor series expansion.
Because the order of magnitude of S, ar, fr is O(¢), the Taylor series expansion

essentially applies the small angle approximation where cos(f) =1 and sin(f) = .

Applying the above simplifications, non-dimensional variable substitutions, and ordering

scheme results in the following equation for M
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* * *

M, =-1,Q7 —icos +2isin —ﬁsin cos + —Lsin sin +
szV/QV/Qu/ﬂMﬂQV/ﬂMﬂ

k%

p r .
—2-—cos ¥ cos —2—cosy sin
0 4 Bu 0 4 ﬂMj

* * £ *

3 ol p Ry q Ry q Ry . r Ry
—-—1 Q ———-2CO0S + ———CO0S + ———S1n — ——-3SI1n
20 Q R Pu Q R Pu Q R Pu Q R Pu

Aerodynamic Forces and Moment

Due to the blade motion and aircraft movement through the air, there is an additional
aerodynamic moment of the blade outboard of the hinge about the hinge (due to the hinge

offset). The velocity seen by the blade is a combination of the blade rotation and aircraft

movement.

The aircraft relative velocities (u, v, and w) are defined with respect to the body axes and
can be defined in terms of o and f of the fuselage where

u=Vcosa,cosf,
v=Vsin g,

w=Vsina, cos S,

These body velocities are then transformed from the body frame into the rotating frame

and added to the induced velocity.
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where

V cosap cos B cosy cos B, —Vsin B siny +V sina pcos B cos ysin S,
—Vcosap cos B sinycos B, —Vsin B cosy —V sina pcos B sin y sin S,

—Vcosap cos fpsin By, +Vsinayp cos B cos By —V;

y

uvw,vi

ROT

In addition, since the proprotors are located at a distance offset from the CG, there is also
a velocity component due to the angular velocity of the aircraft. This linear velocity is
equal to the cross product of the angular rates and position vector of the rotor rub with

respect to the CG.

=D Ry, + Ry Sin(ﬁM )

Linear velocity = | -¢q | x Ry where both vectors must be transformed to

—rl, Ry — Ry cos(,BM) 5
the non-rotating axis prior to taking the cross product. The total is then transformed to

the rotating frame.

Linear velocity in the non- rotating coordinate system equals:

v, — (((—qRNk+qRH cos(Bar) +RNj r)cos Ba) +(qRNi+qRH sin(f,, )-Rij)sin B )))
Vimne=|V, =- ('pRNk PRy cos(Byy )trRy; Ry sin(By, ))
Vs e |~aRy+aRy sin By )-Ryyp)cos(Byy )+ (Ryr+aRu-aRys <o5(By Jsin (B )
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This is then converted to the rotating coordinate system as follows:

i ViR COS(‘/’) + V5 Nk Sin(‘//)
Viiror =| V2 = =Vinr sin(y/)+ Vo nr cos(y/)
Vs ROT V3,NR

Therefore the total velocity at the rotor is Verror = Vimgror + Vivwyvi

By definition, the flow velocity in the kzor direction is equal to the proprotor inflow.
At this point, the non-dimensional quantity inflow ratio, A, which is the total velocity
perpendicular to the disk non-dimensionalized by the proprotor tip speed, 2R, will be

introduced.

_ Velocity L rotor disk
QR

A

Due to the sign convention, the total velocity is actually in the negative kzor direction,

and therefore equals —AQR .

The velocity of a point on the blade due to the blade rotation (Vror ror) was previously
determined during the derivation of the inertial forces. The total velocity seen by a point

on the blade, Vror, is Vror = Virror-Vrorror where Vior can also be written:

zJdRror
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As shown in Figure 10 (from Reference 19), the velocity at point P in the prime axes

system:

Uri’-Urj -Upk’

When we transfer this to the primed coordinate system we get:

VX UR
v'=\v, | =|-U,
VZ _UP
kl
AL
Ut
Upi - ?
= a
oL
- ' (P
] 4D

Figure 10: Blade Aerodynamics (Reference 19)

If we assume that the profile drag coefficient is an average value over the blade span and
is not a function of local angle of attack and blade Mach number around the azimuth, the

lift and drag forces on the blade are:
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dL = %szc,cdr

dD = %szcdcdr

where

€1 = Crapage = Ayhq,

U
=
Apiade = Optage =@ = Oproge — tan (U_PJ

T

Opiuze =0y +0,.cosy + 6, siny +6 " 1o

twist E twist 0

Applying the ordering scheme,

U
X ptade = vtade — (U_P]
T

V:=U;+U; =0(1) +0(g)’ =U;

This reduces the equations to:

1
dL = 5 pac (ebladeUYZ" -U,U; )dr

dD = %pU%cdcdr

The flapping moment about the hinge due to aerodynamic forces on the blade is defined

as:

l-e

M, = [rdL
0

The following simplifying assumptions were made:
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1. There are no dynamic nacelle movements therefore 3, = 3, =0

2. Proprotor angular velocity is constant therefore Q=0 =0

The analysis was modified to include:

1. The non-dimensional blade coordinate ‘x” where x=r,,/R
1-e 1
2. The blade flapping inertia ‘J; .’ where 7,, = R’ .[mxzdx :ng3(l —¢)’. The
0
reference blade flapping inertia for blades without hinge offset has an integrand

R
calculated from root (0) to tip (R) which gives 7, = R* _[ mx?dx = %mR3 . The mass
0

distribution of the blade is assumed constant, so the integral of m from root (or
offset) to tip is the total mass of the blade.

3. The ordering scheme was applied to the analysis. When the ordering scheme is
applied to the blade flapping inertia, the blade flapping inertia with hinge offset

reduces to the blade flapping inertia without hinge offset.

Due to the size of the full M, equation, it will not be included here.

Hub Spring Moment

Due to the presence of a hub spring, an additional reaction due to flapping is present.

The moment at the hinge due to the hub spring is:

M =K ,(f — Bp) where B, is the precone angle.

spring
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Lspring - Mspring smy
Mspring,NR = Msprmg =~ Msprmg cosy
N spring 0 NR

When the steady average is taken around the proprotor revolution by substituting in the
Fourier series approximation for the flapping angle, integrating around the azimuth,
assuming there is no precone angle, and multiplying by the number of blades and

dividing by 2m, the resulting moment is:

! ] 1
_ENbKﬁﬁls ENbKﬁﬂls cos By
1 1
Mspring = _ENbKﬁﬂlc = _ENbKﬁﬂlc
1 .
0 —N,K g fyssin Sy,
L JdNR _2 JdB

Flapping Equation of Motion

To determine the flapping equation of motion, the sum of the moments about the hinge

was set equal to zero.

M :MA+M1+ M&‘pring:o

The flapping equation of motion for a single blade is also too large to be included here.

Flapping Angles

From the flapping we can extract the individual flapping components for each blade.

Assuming a periodic flapping solution as a Fourier series, we get

B =P+ B siny + B cosy + B, sin(21//)+ B, COS(2!//)+ .....
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If we truncate the series and only include first order terms we get the following:

B =P, + B, siny + p, cosy
ﬁ =ﬁls COS!//_ﬂlc Sinl//

ok

ﬁ:_ﬂls Sinw_ﬁlc COSV/

* sk

When we substitute these values for A, #,and £ into the flapping equation of motion,

we change the equation from a differential equation to an algebraic equation. The
unknowns are now fy, S5, and f1.. From this we can solve the equations for each of the
unknowns. The equation for f is comprised of only the constant terms. If we set
sin(ny)=0 and cos(ny)=0 for all values of n, we get an equation for fy. The equation for
L5 1s found by setting all the sin(ny)=0 for all values of n and setting the higher order
cos(ny) terms equal to zero. The equation for S, is found by setting all the cos(ny)=0

for all values of # and setting the higher order sin(ny) terms equal to zero.

2.5.3 Proprotor Forces

Blade Aerodynamic and Inertial Forces

In order to determine the proprotor contribution to the Euler equations, the proprotor lift
and drag aerodynamic forces must be converted to body forces. The forces in the prime
coordinate system are:

dX'=0
dY'=dLsing+dDcos@

dZ' = dLcosp—dDsin @
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Using the non-dimensional blade coordinate ‘x’ where x=r,/R and applying the ordering

scheme prior to integrating across the blade (where dD << dL) gives:
1-e
X'= [ax’
0
I-e l-e U 1-e 1 ( ) 1
Y'=|dY = |dL—L+dD = (—pac 0,..UU; —Ur)+—=pc cUz]dr
_([ v([ UT z')‘ 2 blad PYT P 2 d T

l-e l-e I-e
Z'= IdZ' = IdL = I %pac(ebladeUlz" -UpU; )dl”
0 0 0

The integrated forces are then converted to the body coordinate system.

X —cos fcosy cos B, +sin Bsin f,, sinycosf,, sinfcosy cos B, +cosfsinf,, | X'
Y| = cos fsiny cosy —sin fBsiny Y’
Z|, —cos fcosy sin S, —sin fcos f3,, sinysinf,, sinfcosysinf,, —cosfcos By, || Z'

Previously, the forces from the main proprotor were only for one blade. Now we need to
get the total forces and moments for all three blades combined. The assumption is made
that all three blades are identical and therefore the steady state motion of all the blades is
the same. In that case, the force and moment calculations can be derived for one blade
and applied to the rest of the blades by simply adjusting the blade azimuth angle. Since
the XV-15 has three blades, the three azimuth angles used will be y,=0 radians, y,=2/3 &

radians, and y3= 4/3 nw radians. The resulting forces and moments are:

Furps =Furp| +Furp| 27 +Fypp| 4z
=0 y=" v=
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The inertial forces were not included in the above discussion, as once the blade forces are

summed, the resultant contribution due to the inertial forces is zero.

To find the trim value, we apply the ordering scheme and then substitute in the Fourier

* ok

series approximation used earlier for £, f,and £ . Since the steady state proprotor trim

forces and moments are needed for trim, all periodic terms are set equal to zero because

they are averaged/summed over the proprotor revolution.

Proprotor Thrust

The integrated Z’ force is also known as the rotor thrust contribution from that blade.
Because the blades are assumed identical, the total rotor thrust is simply equal to 3 times

the Z’ force.

The non-dimensional thrust coefficient is defined as follows:

Thrust
Cr= T A2n2
PAusi 2R

2.5.4 Proprotor Moments

Moment due to Inertial and Aerodynamic Blade Forces
By definition, a moment is the cross product of the direction vector and the force vector.

In this case, the moment about the CG due to the proprotor forces is:

M yr g =Tcomun * Furs = Lart + M yri+ Nk
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The moments due to the rotor forces are as follows:

L Ry Zyg g — (‘ Ry cos By + Ry )YMR,B
M = (_ Ry cos By + Ry )XMR,B - (RH sin By + Ry; )ZMR,B
N MR.B (RH sin 8y, + Ry; )YMR,B — Ry X yr s
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2.6 Control Inceptors

A simplified relationship between the pilot controls and the response at the rotor and
control surfaces was implemented for this model. Due to the assumption that rotor RPM
was constant, there was no need for the rotor governor that is required for the actual
aircraft and is included in the GTRS model. The Stability and Control Augmentation
System (SCAS) was not modeled for this project; hence, the results are essentially for a

SCAS off XV-15.

The pilot controls can be tied to the control surfaces as follows:
8elevz(along'Slong, neutral)( 6elev/slong)
5ail='(5lat'5lat, neutral)( 5ail/5lat)

érudz(éped'éped, neutral)( 5rud/ éped)

Per GTRS, the pilot controls can be tied to the rotor via the swashplate by:
90:‘500/50011 500[1 + QOLL + (5lat'5lat, neutral) 500/5lat + erotor governor + SCAS
Hls: (5long‘5long, neutral) 501s/510ng:|: (5ped‘5ped, neutral) 501s/5ped + 150(1 - COSﬂM) + SCAS

0,0 (Lateral cyclic is not used in the basic XV-15 control system)

While the equations are valid, because there is no need for a rotor governor in this model
and there is no SCAS, the 6, equation as implemented in the aircraft resulted in zero
inches of pilot collective control required for airplane mode trim and a constant 6, at the
rotor of 21.5 degrees (6y..). (As stated in the aircraft description, the collective controller

is phased out in airplane mode and the rotor governor takes over as the collective
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controller.) In reality, zero inches of trim collective is not correct, therefore the pilot
collective control was removed from the model and the model was trimmed at the
swashplate using 6 rather than J.,4. The other pilot controls (ding, diar, and d,cq) Were,

however, used for the analysis.

The above equations were simplified via the removal of the SCAS and rotor governor to

be as follows:

00,1 = HOO - (5lat'5lat, neutral) 590/51(/”

00,2 = HOO + (5lat'5lut, neutral) 590/5lat

915,1 = '(5long‘5long, neutml) 5013/5long+ (5ped‘5ped, neuti‘al) 5013/5ped = 157[(1 ‘COSCBM))/l 80

915,2 = '(5long‘5long, neutml) 5013/5long = (5ped'5ped, neutral) 591s/5ped = l-Sn(l'COS(ﬁM))/l 80

011=61.2=0 (Lateral cyclic is not used in the basic XV-15 control system)

The control travel for the pilot cockpit control inceptors are

Controller Total Control‘Travel Nc?l}tral Contro‘l
(100%), in. Position (50%), in.
Longitudinal Stick 9.6 4.8
Lateral Stick 9.6 4.8
Pedal 5 2.5
Collective 10 --

54




2.7 Solution Setup

2.7.1 Trim

As previously discussed, the basic equations of motion are the Euler equations. If /,, and

1, are considered negligible, the Euler equations become:

X =m,, (it + qw—rv)+ mgsin @

Y =m,.(v+ru— pw)—mgsinpcos@

Z =m,, (w+ pv—qu)—mg cospcos @
L=1p-(I,1 r—1.(pg—7)

M =14~ =1 )pr+ 107 =77)
N=1i~(1 ~1,)pq+1.(qr )
p=¢—ysind

g =0cos @ +yrsin @ cosd

r =y cos@cosd —Osin g

where X, Y, Z, L, M and N are composed of the forces and moment from each aircraft

component and m,, is the mass of the aircraft. For example:

X=X +X +XHT+XVT+XMR1+XMR2

Suse wing

In order to de-couple the kinematic equations, the kinematic equations are re-arranged as

equations for ¢,0,and i :
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o=p+ gsin@sin ¢ N rsiné cos ¢
cosd cosd

0 =qcosp—rsing

. gsing N 7 cos @
cosd  cosé

To extract the trim equations, the steady-state components of the Euler equations had to
be developed. The Euler equations were linearized using the small perturbation

technique. The following substitutions and assumptions were made:

1. Small perturbations were taken around a trimmed steady state value for the linear
and angular velocities and the body angles. For example, substitute in u=uy+Au,
where u is the trim value and Au is the small perturbation from trim.

2. Forces were divided by the aircraft mass in order to remove the weight
component from the force equations.

3. An ordering scheme was applied to the equations, which resulted in the small
perturbation assumption for the angles and products of angular and linear velocity
perturbations.

4. Set perturbations equal to zero to get trim equations.
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The above substitutions and assumptions result in the following trim equations:

X .
——=qw—rv+gsinf

mac

——=ru— pw—gsingpcosf

mac

Z
——=pv—qu—gcos@cosd

L:_(Iyy_lzz r—Ixzpq
M:_(Izz _Ixx)pr—i_lxz(pz _72)
N:—(IM -1, )pq +1.qr

. i Osi o
b= L gsin sm¢+rsm cos ¢

cosd cosd
ézqcosgo—rsingo

. gsing N rcos ¢
cosé cosd

The unknowns in the above equations are: u, v, w, p, ¢, , 6’,¢,¢5,9, and . Additional
unknowns hidden in the X, Y, Z, L, M, and N terms are:

0os Bors Bists Brer, Bozs Brszs Bica, OtarsCiong O pea and 4,.

By substituting the relationships for u, v, and w as a function of o and fr into the trim
equations, the number of unknowns are reduced and the equations become a function of

or and fr rather than u, v, and w.
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By definition, a, = tan™' [Kj and 3, =sin™' [%j, which gives;

u

u=Vcosa,cospf,
v=Vsinf,

w=Vsina, cos S,

Since the problem is looking for a steady trim solution, the system can be further
constrained by the assumption that¢ =@ = 0. This is true in a steady banked turn due to
the influence of the weight vector. For a steady banked turn, the weight vector stays
constant in the body axes system. If ¢ = 6 # 0, then the weight vector in the body axes

system is constantly changing. Straight and level flight is essentially a special case of a
steady turn with a turn radius approaching infinity. With this constraint, the kinematic

equations become a function of v, 8, and ¢ , which further reduces the number of

unknowns. Vand y are now input parameters.
The unknowns in the above equations are now: p, q, r, 8,8, ., and [, and the
additional unknowns hidden in the X, Y, Z, L, M, and N equations,

Oys Bors Bists Brer, Bozs Brszs Bica, OtarsCiong O pea A and 4,.

This results in 19 unknowns and therefore requires 19 equations to solve. There are

already 9 equations from the force, moment, and kinematic equations.
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Equations 1-9:

—=Vysingsin@sinay cos B —Vycosgcosfsin . + gsind

ac

Y . . . .
——=Vycosgcosfcosay cos fp +Vysinfsinay cos fp — gsingcosd

ac

——=-Vysinfsin f —Vysingsin&cosa cos f — gcos@cosl

Lz—(lyy —IZZ)//2 sin g cosgcos” @+ I _yr? sin ¢sin @ cos 0

M=(IZZ -1, '2cos¢cosﬁsin9+1xz(1/)2 sin? @ —y7? cos? ¢ cos? 6’)
N:(lxx—lyy 'zsin¢sin6?cosl9—1le/'/2sin¢cos¢00529
p=-ysind

q =ysingcosd

r =y cosgcosl

Equation 10: Coordinated Turn
In order to be steady, the turn must be coordinated. Hence, the side load factor, n,, must

be equal to 0. By definition, n, = ¥Y/(m,.g). From the Y-force equilibrium equation:

Y 1 .
n,= =—(ru— pw)—sinpcosd =0

ac

The requirement for #,=0 can be satisfied by either setting Y=0 or by setting the right

hand side of the equation equal to 0.
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When the substitutions are made for p, g, r, u, v, and w, the equation becomes:

. Vy . .
- singcos b + —l//(cosapcos¢cosﬁ + smochmH)cosﬂF =0
g

Equation 11: Flight Path Angle
A relationship for the flight path angle can be derived by equating two expressions for the
vertical component of velocity. The vertical component of velocity is V sin(—y)
The vertical component of velocity is also —usiné + vsingcosd +wcos@cosé,
which can be re-written as:

—V cosa, cos f.sin@+Vsin S, singcos@ +V sina,. cos 3. cos@dcosf
Therefore:

siny = cosa . cos [, sin@ —sin . singcosd —sina,. cos f,. cosgcosf

Equation 12 and 13: Rotor Inflow
By definition, the rotor inflow is the total velocity perpendicular to the rotor. This was

previously defined as the component of V;;, ror in the kror direction multiplied by QR.

AQR = (Vsin(ag )cos(fr) +qR y; -R NjP)COS(ﬁM) +(qQR \k - Veos(ap)cos(fr) -R er)Sin(ﬂF) -Vvi
Therefore,

((Vsin(@s)eos(Be) + aR xi - RxjP)oos(By ) + (aR yi - Veos(ar)oos(fy) -Rynsin(Bs)) v,
QR QR

where
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Cr

ORr Zﬁi,uz + A2 ’

The inflow needs to be calculated iteratively for each proprotor.

Vi

The advance ratio, x, in the above equation is defined as the non-dimensional in-plane
velocity. When Vg ror is converted back to the non-rotating coordinate system, the total
in plane velocity is a combination of the components in the iyz and jyz directions. If we
let Urrnr be the component in the iyg direction and Vg nr be the component in the jyg

direction, we get the following:

\/(UI%"F,NR + VP%F,NR )
QR

ﬂ:

Equation 14-19:

Equations for f,, f,,,and B,. for each proprotor from the expressions derived in section

2.5.

Using the above equations, the trim solution can be determined for a given free stream
velocity, flight path angle, and turn rate. Additional parameters that need to be defined

are mast angle, gross weight, CG location, pressure altitude, rotor RPM, and flap setting.
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Main Rotor Trim

As tiltrotors have two proprotors, equations are needed for both proprotors. For the XV-
15, the right hand proprotor (MR1) rotates counter-clockwise, as viewed from above,
while the left hand proprotor (MR2) rotates clockwise. The difference between the
inflow, flapping equations, advance ratio, and forces and moments for the proprotors is

simply a matter of different signs.

The flapping angle is defined as fo+f1, sin(y)+f1. cos(y). Since the second main rotor is
rotating in the opposite direction, y is — y;. Therefore, the flapping for the second rotor
will be in the form as follows: So, /152 sin(y2)+f1.2 cos(y2) which is the same as fr-f152
sin(y)+f12 cos(y1). Since the sign of S is opposite between the two rotors, the rotors
both have positive flapping inward towards the aircraft centerline. Therefore, if the same
flapping equation is used to define the rotor response, the resulting rotor response will be
equal values of fy, S5, and S, however, they will be in different directions due to sign

convention.

Since the proprotors rotate in opposite directions, the rotating coordinate systems will
differ in direction. The system is defined at the point when the proprotor blade passes
over the tail of the aircraft. At this point, the x-axis runs parallel to the aircraft body axis,
and for both rotors is directed aft. For right rotor, the y-axis runs parallel to the y-body
axis and in the positive yz direction; however, for the left rotor, the y-axis runs parallel to
the y-body axis but in the negative yp direction. The z-axis is perpendicular to the x and y

axes and is directed upward for the right rotor and directed downward for the left rotor.
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The following are the coordinate transformations to get to and from the left rotor’s

rotating coordinate system.

Left rotor (MR2):

i cosy -siny O |[|i
=|-siny -cosy O

ke LO 0 -1k ROT

~.

i’ cosff 0 -sinp ||i
j'r=|0 10 j

k' —sinff 0 -cosf|lk ROT

The forces in the rotating direction are as follows due to the above sign convention:

Xp Xp
Yr =| Y,
Zg MR1 —Zg MR2

When these forces are transformed into the non-rotating coordinate system, we get the

following:
P¢ cos(y) —sin(y) O X X p cos(y) - Y sin(y)
Y =|sin(y) cos(y) OfY =| X g sin(y)+ Y cos(y)
LZ o 0 0 VL2 dror Zr NR,MRI
X cos(y) -—sin(y) O X X p cos(y) - Yy sin(y)
Y =|- sin(l//) —cos(y) 0| Y =|-Xz sin(l//)+ Yz cos(t//)
L2 I vkar2 0 0 =2 Jrorame Zr NR,MR2
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As is shown, the Y-force generated by the left rotor is in the opposite direction of the Y-
force from the right rotor. Since the rotors have opposite lateral offsets from centerline,
the sign on the roll rate, yaw rate, lateral linear velocity, and sideslip angle are also
negative. For example, a positive roll rate will result in a down-going right hand rotor
and an up-going left hand rotor. Therefore the right hand rotor is in a descent while the
left hand rotor is in a climb of equal magnitude. The same logic applies for v (and

therefore, fr) and r.

In summary, the equations developed for the right rotor can be applied to get the values

for the left rotor by letting paro=—puri, rmr2="mr1, Vira=—Vmr1, and Sg yro=— Prur1.

When transforming the forces from the non-rotating coordinate system to the body

coordinate system, the lateral offset value, Ry;, must also be modified.

2.7.2 Time-Marching Solution

Time Marching Model Development

In order to get a time marching solution, a time-varying model had to be developed.
Matlab’s fully implicit ordinary differential equation solver, ode15i, was then used to run
the solution. The base equations for this model were the original Euler equations and the
flapping equation of motion. The initial conditions for the time marching solution are the
trim solution states and rate of change of the states. In order to get a time marching

solution, the equations used for the trim solution had to be modified by removing the
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steady state rotor assumption. The flapping equations, thrust, and rotor force and
moment equations were now a function of azimuth angle again. The full Euler equations

which include u, v, w, p, ¢, and 7 were also used.

The p and r equations were solved simultaneously for p and 7 in order to de-couple the
equations, which resulted in the following:

. lez + Isz_Ixzzqr + Ixzpq]xx'lxzpq]yv + Ixzpqlzz + qr]yy[zz'quzzz
p= )
I.1.1.°

zz7 XX

2 2
. N[xx + [sz + Ixz pq+ ]xzqr[yy'lxzqr[zz'[xzqr[xx + pq[xx 'pql I,

xxtyy
r= 2
Izzlxx_[xz

2.7.3 Linearized Model

Stability and Control Derivatives

Creation of the symbolic perturbation equations for the linearized model was discussed
during the development of the trim equations earlier in this section and is covered in
depth in Reference 19 and Reference 23. Therefore, the discussion here focuses on the

methodology used to create the model numerically.

When the forces and moments are expanded via a Taylor series expansion about a
trimmed state, the resulting change in total aircraft perturbation is divided among the
states, thereby allocating the total change to the components (states). If we assume that
the perturbations are small, then the products of the perturbations can be neglected and

the resulting equations are linear. The remaining partial derivatives are called stability
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derivatives if they are a partial derivative with respect to a state variable or control

derivatives if they are a partial derivative with respect to a control variable.

The partial derivatives are commonly re-written as a new variable that has a main
variable and a subscript variable. The main variable is the force or moment variable and

the subscript variable is the perturbed state or control.

ql ]

[]():?

~—

Therefore, for example: X, = (Zi which means the change in the X force due to the
u

perturbation in ‘u’.

The total change in X force is then

X=Xt Xt Xow+ Xopt Xyqt+ Xor+ Xpp+ Xo0+ Xyt Xoo1001 + Xo1510151 + Xo1c10101
+ X902002 + Xo1520152 + Xp1c2012

where X=4X

The stability and control derivatives are also usually normalized. The force derivates are
divided by the aircraft mass, the moment derivatives are divided by the appropriate
inertia. The above symbology is usually not changed to reflect this normalization,

therefore, for example, X, actually means X,/m when defined as a stability derivative.

Note: because the rolling moment and yawing moment equations are coupled, ‘Primed’

derivatives are usually introduced. ‘Primed’ derivatives include the inertial coupling into
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the derivative. Examples of ‘primed’ derivatives are as follows:

[xz [z]xz N _L'
Ixz_l)?z ! Ixz_liz ! !

1 1.1 '

XZ > Nu X X22 LuzNu
]xz_lxz Ixz_]xz

Numeric Model Development

The numeric values for the stability and control derivatives were developed using the
time marching solution equations. A state space model was developed by individually
perturbing each state, state derivative, and control to get the resultant change in X, Y, Z, L,
M, and N due to the perturbation. The resulting changes in forces and moments for the
state derivative perturbations are found in matrix £, matrix F for the states, and matrix G

for the controls.

state vector, y = [u, v, w, p, q, 1, ¢, 0, /]

derivative of state vector = y = [u v, W, p, g, 1, @, 6, t,/'/]

control vector = u = [6o1, O1s1, O1c1, G2, O152, 012, Fetevs ity Orud]

however, for the purposes of this evaluation, the control vector was determined at the

pilot controls, s0 u = [0, S1ong, Otats Oped)

In order to numerically calculate the E, F, and G matrices, the linearized equations of
motion were numerically perturbed about a trim value, one state or control at a time.
Then the trim value was subtracted from the perturbed value in order to get the delta due
to the perturbation. This was done for each state, state derivative, and control, for each

force, moment, and kinematic equation.
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This resulted in: [Ely =[F]y +[G]u
Since the equations are time varying, the above matrices needed to be evaluated for
multiple equidistant times steps around the rotor azimuth and then averaged to get the

time invariant matrices.

The * and B matrices normally used for derivative development were extracted as

follows:
[E]y +[F]y+[Gl=0
£y =-[F]y +-[Gh
v=E"[Fly - [E]"'[Gk
y= [Aly + [B]u therefore
[a]=-{£]"[F]
(5)-{£T" o]

where

A = 9x 9 matrix with columns equating to the state being perturbed and the rows being
the force or moment effect
B =9 x 4 matrix with columns equating to the controls being perturbed and the rows

being the force or moment effect.
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Units:

Force/linear velocity = 1/sec

Force / angular rate = ft/(sec rad)
Moment/linear velocity =rad/(ft sec)
Moment/angular rate = 1/sec

Force / control = [ft/(sec” inch)] (except L, and N, = 1/sec)

The derivatives calculated above are actually slightly different than the before discussed

‘stability derivatives’ since they include both the aerodynamic and inertial effects.
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3. Results

3.1 Trim Results

The trim results from the math model are discussed below. These results were compared

to the trim solutions from GTRS. The following items should be noted prior to the

discussion:

1.

The center of gravity shown is the actual center of gravity for that nacelle setting.
It is not the helicopter-referenced center of gravity.

The GTRS values were transferred from Reference 6. The total airframe and
rotor forces and moments in GTRS include items such as the engine pylons, jet
thrust, and proprotor hub spinner in their force and moment calculations;
therefore, the values shown here as the GTRS total force and moments are not just
sums of the values shown.

Due to the math model implementation method, the 6, from the math model does
not include the 40° of initial rotor twist at the root in the 6y output. (In the math
model, this is accounted for in a separate term.) For comparison purposes, the 6
values shown here as math model output were modified to include the initial rotor

twist of 40° to show a one-to-one comparison with the GTRS output.

Table 2 shows the mast angle and speed for the various trim cases that were run.

Tabular output for the trim cases, including component forces and moments and

overall aircraft parameters can be found in Appendix C.
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Table 2: Trim Cases

P (deg)
o 15 30° 60° 90°
140
0.01 160
20 28 80 100 180
40 100 120 200
V (kts) 60 18000 120 140 220
80 - 140 160 240
100 260
280

All trims were run at 13,000 lbs gross weight and a flight path angle and turn rate equal
to 0 °/s. Center of gravity and flap deflection changed with mast angle. The aircraft

trimmed in all cases with Sr, p, q, 7, p, ¢, 7, O1¢, 041, and roll angle essentially equal to

zero. Lateral stick and pedal remained centered.

In general, the trims were consistent with what was expected. Some parameters of
interest are shown in Figure 11. APLNS517 corresponds to airplane mode data at 517
RPM, VTOL is the helicopter mode data, CONVXX is the XX° s conversion mode
data. All nacelle angles showed positive speed stability as shown by increasing forward
stick and decreasing pitch attitude with increasing airspeed. For conversion and airplane
modes, the data shows increasing collective pitch requirement with increasing forward

speed. The helicopter mode data shows a standard helicopter power required trend.

One item of note that is characteristic of a tiltrotor, is that, as the nacelles are rotated
forward to gain airspeed, the longitudinal stick will actually migrate aft. This results in
apparent negative speed stability while converting (aft stick requirement for increasing

airspeed). This is shown in Figures 12 and 13.
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Flight test data was available for helicopter and airplane mode trims. A comparison of
the math model to this data is shown in Figure 14 for helicopter mode trims and Figure
15 for airplane mode trims. The math model data plotted was trimmed at 13,000 Ibs with
a longitudinal CG of 301.2 inches in helicopter mode and 298.2 inches in airplane mode.
For both helicopter and airplane modes, the model, GTRS, and aircraft show positive

apparent speed stability (increasing forward longitudinal stick with increasing airspeed).

In helicopter mode, the math model trims at approximately 15% more forward
longitudinal stick (1.4 in.) and approximately 1-2 degrees more nose down pitch attitude
than flight and GTRS. The math model data for longitudinal stick position at 60 kts is at
72%. The math model longitudinal stick data for 80 kts is outside the plotted area and is
at 82% stick deflection. The increased forward longitudinal stick requirement indicates
that there is a difference in the amount of rotor thrust and tip path plane tilt required to

trim the model.

In airplane mode, the math model trims at the same pitch attitude, but requires
approximately 16% (1.5 in.) less longitudinal stick and 6° less elevator deflection. The
decreased math model stick requirement indicates that there is either an aerodynamic
effect (AOA change) at the horizontal tail that is not being modeled or the elevator
effectiveness is incorrect as modeled. Note that one of the simplifying assumptions was
that there was no rotor wake interaction modeled. Since the offset is essentially constant,

that indicates that the elevator effectiveness value is also a contributing factor. The
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elevator effectiveness value defined in Reference 7 was not changed for this model in

keeping with the ‘simple’ model concept.

As there was little trimmed flight test data available for comparison, GTRS data was
mainly used for comparison. GTRS has been previously validated against flight test data.
That validation is documented in GTRS Validation report, Reference 6. Comparison plots
and tabular data for GTRS and the math model developed for this project are included in

Appendix C.

An assessment was made between the trim characteristics of the math model vs GTRS.

The overall differences are summarized below.

In general, the math model requires less trim elevator deflection. This is increasingly
more evident as the elevator becomes increasingly effective (greater mast angles).
However, the elevator (and longitudinal stick) have the same characteristic curve and
trending with airspeed as GTRS. As discussed in the airplane mode trim flight
comparison, the difference in trim elevator deflection implies aerodynamic interactions at
the empennage not being modeled in the math model or a difference in elevator
effectiveness. For 15° By, the elevator deflection required from the math model is linear,
but the GTRS elevator requirement is more curved. This also implies that there is an

aerodynamic interaction at the tail that is not being modeled in the math model.
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The Y-force predicted by the math model has large differences from that predicted by
GTRS. For 15° By, GTRS shows significantly more Y-force at the lower trim airspeeds
than that required by the math model. For 30° £, the GTRS proprotor Y-force changes
sign of Y-force as airspeed increases which is not predicted by the math model. For 60°
LS, the math model trims with much less Y-force than GTRS and in airplane mode, the
proprotor Y-force is actually opposite in sign between the math model and GTRS. For
helicopter mode, the Y-force from GTRS shows more Y-force required for trim than the
math model requires. The differences in Y-force are due to GTRS modeling a gimbaled

rotor and the math model containing an articulated rotor model.

In airplane mode, the math model requires more 6, than GTRS, which is exacerbated as
increases. As previously discussed, the GTRS includes a mode of the rotor governor
functionality, while the math model does not model the rotor governor. Hence, in GTRS,
the increase in collective results in a change in the rotor governor input and in the math
model, this increased in collective pitch is manifested in an increase in §y. This is also
seen in rotor coning in that GTRS shows an essentially constant fy where the math model

shows fy increasing with velocity.

In helicopter mode for velocities less than 40 kts, the math model requires less rotor
thrust than GTRS (see Appendix C for plots). The reason for this can be seen when
looking at the forces and moments. For hover, there is a +Z force on the wing (wing
download) that is not seen in the simplified math model. This download can also be seen

in the 20 kt case. Wing download due to wake interaction on the vertical projected area
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of the wing was not modeled in this math model. The simplified model, however, does
essentially match GTRS for the free stream component. For velocities greater than 40

kts, the simplified model requires slightly more thrust than GTRS.

In general, the flapping angles did not match well. The flapping angles had the same
order of magnitude, and the same general trends existed. However, for example, in
airplane mode the math model shows very flat lateral and longitudinal flapping curves
while GTRS shows them almost linearly increasing To determine the validity of the
steady state flapping values, the math model developed for this project was compared to a
simple helicopter flapping rotor, both with zero longitudinal CG offset between the rotor

hub and the CG. The results are shown in Table 3.

Table 3: Math Model Flapping vs. Idealized Hover Flapping

Hover 20 kts 40 kts
Math  Helicopter Math  Helicopter Math Helicopter
Model Equation Model Equation Model Equation

So 235°  2.35° 2.40°  2.32° 224°  2.24°
B s 10% 10 —0.14°  —0.16° —027°  —0.27°
B 1e 10 107 0.274° 0.211° 0.18°  0.18°

Based on the above results, the math model results were assumed reasonable and the
correlation between GTRS and the math model was determined to be sufficient for the
continuing with further model development. The differences in flapping angles can be

attributed to articulated vs gimbaled rotor modeling.
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3.2 Time Marching Results

A time marching analysis was performed to determine the model response to pilot inputs
from the trim solution. Flight test data time histories for pilot step inputs were available
in helicopter and airplane mode from Reference 6. In helicopter mode, data was
available for longitudinal and directional step inputs. In airplane mode, data was

available for a longitudinal step input, lateral step input, and directional step input.

The time history code used the time varying solution for the rotor forces and moments
and the blade flapping equation. Due to the slight differences in rotor forces and
moments calculated using the steady state equations and the time varying equations, even
though the trim solution resulted in essentially zero rates and accelerations, the time
marching solution shows small rates and accelerations in airplane mode and an
appreciable pitch rate in helicopter mode. These rates and accelerations affected the time
history solutions in that the aircraft response is not just due to pilot inputs. The residual
pitch rate and pitch attitude were approximated with polynomial equations which were
then used to subtract out the trim pitch rate and attitude for the longitudinal stick inputs in

order to only show the effects due to the pilot input.

The time history results for the helicopter mode and airplane mode trim cases with no
additional pilot inputs are shown in Figure 16 and Figure 17. As can be seen, the force
differences due to the incorporation of the time varying equations resulted in a pitch
rate and a vertical climb, while the angular velocities for the trim solution were

essentially zero. The yaw rate and roll rate changes were negligible.
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Figure 18 shows the helicopter mode time history due to a pilot longitudinal step input.
The math model has a slower initial pitch rate that appears to lag the flight data by
approximately 0.5 sec. The math model peak pitch rate is also less than that seen in flight.
Hence, the pitch attitude attained by the math model is also less than the flight peak pitch
attitude. The ‘trim’ residual pitch rate also affects the math model in that once the pitch
attitude is greater than approximately 15° (time greater than approximately 6.5sec), the
small angle approximation becomes invalid therefore making the solution more and more
inaccurate as the pitch attitude increases. This ‘trim’ residual pitch rate in the helicopter

mode time history solution needs to be addressed prior to further time domain analysis.

Figure 19 shows the helicopter mode time history due to a pilot directional step input.
The pedal input resulted in a yaw rate in the correct direction but at a magnitude
approximately half that seen in flight and GTRS. Note that the residual trim yaw rate
was very small therefore this is unlikely to be a large source of error. Yaw angle grows as
expected and increases steeply. One item of note is that for time greater than
approximately 3.5 seconds, the pitch attitude is greater than 15° and for time greater than
6 seconds, the yaw angle is greater than 15°, which make the small angle approximation
invalid. This high pitch attitude will also be a large source of error even for the off-axis

responses like yaw attitude.
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The airplane mode longitudinal step input into the math model, shown in Figure 20,
results in much better correlation than the helicopter mode trims. The pitch attitude
matches well in slope, but is smaller in magnitude. While the math model has an initial
pitch rate response with a slightly smaller frequency and magnitude, it damps out to
approximately the same value as the flight test data. The math model has a peak to peak
time period of approximately 1 sec. while the flight data shows a slightly longer peak to
peak time. Note that the aircraft is already pitching up prior to the stick input due to the
trim residual however that has been subtracted out of the results shown. The pitch

attitude exceeds 15° for time greater than approximately 5.5 seconds.

The airplane mode lateral step input, shown in Figure 21, has a much slower roll
acceleration/initial rate response than the flight test data. However, while the flight test
data showed the roll rate leveling off to a constant 10 deg/s, the math model shows the
roll rate leveling off at about 4-5 deg/s. One item of note is that beyond a time of
approximately 4.5 seconds, the pitch attitude exceeds 15° and beyond approximately 5.5
seconds the yaw attitude exceeds 15°; therefore the small angle assumption is no longer
valid for the off axis response and can contaminate the on-axis response. Since the roll
rate attained is smaller than the flight test roll rate, the math model also attains a lower

peak roll attitude.

Due to the extremely large difference in aileron control effectiveness between flight and

the math model, the math model aileron control effectiveness was multiplied by a factor

of three which resulted in a much better match as shown in Figure 22. While this is in
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fact a ‘correction factor’ applied to the model, the lateral results would be greatly affected

if this fix was not made.

The airplane mode directional input, shown in Figure 23, shows a larger initial yaw rate
due to the pedal input which starts the aircraft yawing right. The same oscillatory
characteristic can also be seen in the yaw rate for the subsequent few seconds. The math
model has a larger magnitude and smaller period. The steady state yaw rate due to the
pedal input is zero for the math model while it is approximately 4°/s for the flight data.

This results in a smaller steady yaw angle response.

87



Longitudinal 3tkele Percent

Pitahy Altiknda, deg

Pileh Rele, deg/mec

HW=185 5% F03, Plight 108, Counier 3304 204 OFF, 176 HOAS
Math Modal- SCAS OFF, 173kts

—— Gtick Semgor T GTRS wnwn Nath Model

45
o R

40

ol oam i

'|IFIIIIFIIIIIIIIIII'IIIIII,IIIIIIFIIIII:

ﬁlilllll ' N T T

T D R

'........1.........i;.....-..i........i........Ii.........:;.........Ii........1........1::..........

T B T L LT T ] T Y SELTITT T PRy |

Atkitude Gyro
“““““ Inktegral Rale Gyro

GTRS wunn Nath Model

25

15

10

FrTTITY

—— Rele Byro ——— GTRE wnnn Nath Medsl
=====* Derivalive Allilude Gyro

b= T - T v
- L H + ' '
- H H H H
- . ' ' '
o H v ' ]
o i W ¥
o ' " H - H

7 [ S R —— PR R - R S S ———
3 0 4 H

L N B R

ip RS FIVPPRITH IPPPTTTVN PITTRIVITI [PETINTITT FITTUTITT FATTTPIITT! ITTVITIT! FYTTTTYST FTTTPTTIT

1] 1 2 3 1 ] L 7 a g
Timre, Soeonds

Figure 20: Airplane Mode Longitudinal Step Input Time History

88

10



Lalecal Stlek, Percent

45

Roll AtliLude, deg

Rall Eate, deg/sec

-10

ITTTETT T T

=20

H¥-1% 5/N 708, Fight 160, Counter U798, S0AD OFF, 176 HCAS
Math Model: SCAS OFF, 173kts

= BZtick Jensor —— GTRS

wnwn Math Model

'
H
:
:
H
e eeeeere——p =
E H
- 1
- 1
L i
L H H
c . ' ' ' ' \
Fsn m i mam s e LT e e e R R I R R RS AR
E H H H
- ] " [
- ¥ L] ¥
E H H i i H
STETETETE] IENRTRTET] IAE TRTHTRANT! ETH IETERTET ] FTSTRETETE IR TNTTE ETHY i L 1

— Attitude Gyra  =——=—— OTHS munn [Math Model
"""" Integral Rate Gyro

H
i
i
i

= Rate C¥ro

GTRS snnm Math Model

== Derivative Atlitude Gyro

= a a
= q .
- i a
= P i
= ¥ P
= i P
— agn
= "
- ¥
- "
= 1
- ¥
o F
Fr——

a H
. .
1 a
i H
' '

L] W ¥ Il
' H H H 1 i
L] 4 L] 3 1
: H H H H
. . 1 1
H H H H
W . " 4
. : H H
‘
ssssssssss T A — | —
v
13
v
. 4 3
v
h H H
] i 1 13
' i H
—ae .n rmarmrassardipre s rananmsnnnns
H ' 1 h H
' v H
] k] i ¥ 4
‘ . ' H H
. ‘ v H
i H H H H
: H H H
i h i 3 i
F 1 [ [ i
i " ] ]
H H H H
; G h d H :
TITETETESURETE NI RTEREETENI FRFRITRERIRTITRRRE T A ITIRRRETN] FERTRTRETE INTRTRIRTIANRTRTREN] RERRTRINT]

0o

1 2

3

4 5 g 7 8 g 10
Tine, Seconds

Figure 21: Airplane Mode Lateral Step Input Time History

89



K¥-1% 37N 708, Fight 190, Counter U798, S0AE CFF, 170 BCRE
Math Model: SCAS OFF, 173kts

= Btick Jensor ——= GTRE sumn Nath Model

: 5

i RE :

& : E :

E = i !

8 ot : : : : : : : .

Ij - :— --------- E--nn--uT---llu-h? nnnnnnnn AR B AR AR A R IR R R IR IR
E Elll L ilE.lllluu--il-.l.-l-|-:||-|.-.H-lil-r.l||--i-||1||.nilrl-l.i.-i.-n.....in-l-nu-:-n....-.

= Akbitude Oyre  ———— OTRE munn [Math Model

40

i
i i "
. ' i
i

E BEAAEEE IR RIS bR S E A SN B S
E H H
: :
i E %PI%IO%I!%.P'P.I'!I“JI%. lllll
E
= S T S . S I i
s
3
[+

=10 0O

= Eate Gyro GTES annm  DMath Model

—— Derivative Allitude Gyro

¥ .
¥ a
4
i
"
1

[T "

Koll Bate, deg/sec
-0

=20

Tirne. Ser.mdﬁ

10

Figure 22: Airplane Mode Lateral Step Input Time History (Modified Aileron)

90



Faw AiliLude. deg Pednl Poaition, Paroent

Yow Bebe, degaec

KV—15 B/ 703, Flight 158, Counter 798, SCAS OFF, 176 KCAS
Math Model: 5CAS OFF, 175kts

— Podal Senser ——— CIBES wwnn [ath Meds]

E 1lI'FIIIEIIIllI.lIIiIlIlIIIIIiII.I.IIIIIlLI -------- e i il s "

—— atitude Gyro  ———— GTRs  wewn hath Modsl

8 et f

A T

TTrTITTTr[IN I T AT T T TR TNTET

— Eats Gyro ——— GIES wmnn Miath hodel
ﬁ r H 1 H H H H H .
L
o L. v 5 TARO SORPRP ST TP i
[} - ’ g e W e
IE 'lulllnljlllll|uliu|||||lI.:hllI.IlllliltllllulilllllllllilllllI'lllillllllllriIIIllIFlIiIIIIIllIl

0 1 2 3 4 S g 7 a 8 14
Time, Seconds

Figure 23: Airplane Mode Directional Step Input Time History

91



3.3 Linearized System

As previously discussed, the 4 and B matrices were extracted from the model in order to
extract the math model dynamics. The time varying solution for the rotor forces and
moments and blade flapping were also used for the linearized model extraction. As
previously discussed in the time marching solution section, incorporation of these time
varying equations resulted in changes from trim. In order to remove the effect on the
overall force and moment equations, the total forces and moments were also re-baselined
in the linearized model extraction code so the only effect from the perturbation of the

state or control was the effect due to the perturbation of the state or control.

Below are the 4 and B matrices extracted from the math model, compared to the GTRS
matrices (Reference 9). For the B matrices, the GTRS matrix uses collective, where as
the math model is perturbed using 6p. The math model shows some minor cross
couplings that are not evident in GTRS as can be seen by non-zero values for Z,, r,, and

Y (airplane mode only).

The matrices compare very well in airplane mode. The main difference between the
math model coefficients and the GTRS coefficients is that L,, Xao (Xscon), and Zsjone have
different signs. L, is positive for the math model and negative for GTRS, which means
that the math model rolls into a heading change while GTRS rolls away from a heading
change. Xy (Xscon) have different signs and the magnitude of Xy in the math model is
much larger in magnitude than Xs.,; in GTRS. This is due to gearing ratios as well as the

inclusion of the governor in GTRS. Zs,, is positive for GTRS and negative for the math
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model. The negative sign on Zg,,, from the math model conceptually makes sense in that
for a positive ;g (forward stick), the elevator becomes more trailing edge down

therefore creating more lift on the horizontal tail, which results in a negative Z-force.

In airplane mode, the math model Xj,, has a magnitude of zero while GTRS has a non-
zero value for X, In the math model, lateral stick inputs in airplane mode only result in
aileron deflection as the differential collective pitch at the rotors is phased out in airplane
mode. No radial velocity, wake effects due to aileron deflection, or fuselage effects due

to aileron deflection are modeled.

There are also differences that exist in the magnitude of some of the derivatives. For
example, N,, N,, N,, and L, have approximately twice the magnitude of the GTRS values.
L, is approximately half the magnitude found in GTRS. Ng,, and Lg,, are approximately
1/3 the magnitude of the GTRS derivatives. If the assumption is made that GTRS more
accurately matches flight test, then the magnitude differences imply that there are errors
in the math model, primarily in the lateral-directional axes. Using the rationale described
in the trim section, if the aileron control effectiveness is increased by a factor of 3, L,

then matches the GTRS data.

The A and B matrix comparison is worse in helicopter mode. In helicopter mode, the

following coefficients have opposite signs: Z,, Z,,, Zy, Zg, X, Y1, Nv, Ny, Zoo, Moo, Xsiongs

Zrilonga N(ilata Y&ped, Lriped-
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Z,: For a positive u, the rotor will flap backwards which tilts the thrust vector further aft
thereby implying a net negative Z-force change. The actual sign depends on the final
orientation of the thrust vector. The longitudinal flapping condition at trim between
GTRS and the math model were not the same; therefore, it is not unexpected that the sign
on Z, is not the same. Z, is not a very powerful derivative. The magnitude of Z, from the

math model and GTRS are essentially equal.

Z,: For the case of 1'=0.01 kts, the math model shows negative heave damping. As V'
increases, the aircraft becomes more stable in heave and for />0.5 kts, heave damping
has the correct sign. The sign error at the small forward velocities is probably due to the
difficulty in trimming at low velocities. The change in Z,, with increasing velocity can be

seen in Figure 24.
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Figure 24: Z,, Change with Velocity
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Z,: For a positive g, the rotor tip path plane will initially lag the shaft orientation.
Therefore the thrust vector changes orientation and the net effect should be a positive Z-
force change. Therefore the sign on Z, from the math model appears to be incorrect;
however, Z, is considered a minor stability derivative therefore the sign is not extremely
important. The magnitude of Z, between the math model and GTRS are essentially

equal.

Zy: The positive sign on Zy from the math model conceptually makes sense in that for a
positive @ (aircraft instantly attains a new pitch attitude), the angle of attack will also
increase, thereby causing thrust to increase, which results in a negative change in Z-force.

The magnitude of Zy between the math model and GTRS are essentially equal.

The fact that for hover, all the signs on the Z-force derivatives have the opposite sign of

GTRS raises a concern that there is a modeling or trim problem in hover.

X,: The magnitudes for both the math model and GTRS are very small which is expected
as a perturbation in w will cause a constant increase in angle of attack over the rotor
therefore it will increase rotor thrust, but shouldn’t create additional longitudinal or
lateral flapping. The net change in drag around the azimuth should be negligible. The

sign difference between GTRS and the math model was deemed insignificant.
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Y,: The value of ¥, from the math model is essentially equal and opposite in sign from
GTRS. The vertical tails should contribute a positive Y force to damp the yaw rate. The
contribution from the rotors depends on the signs of Y. Sources of error for this
derivative are Yyz and the use of the small angle assumption for the angle off attack at the

vertical tails.

Zn: The negative sign on Zy, from the math model conceptually makes sense in that for a
positive 6, (collective pitch input via collective stick), the coning increases which creates

more thrust, which results in a negative Z-force.

Myo: The positive sign on My, from the math model conceptually makes sense in that a
positive 6y (collective pitch input via collective stick) results in a negative Z-force. Since

the Z-force is acting in front of the CG, that results in a positive pitching moment.

Xstong and Zsjong: The positive signs on Xsiong and Zsj,ne from the math model conceptually
make sense in that a forward (+) longitudinal stick input results in the rotor disc flapping
forward, thereby re-orienting the thrust vector forward and creating an increase in the +X

component and a decrease in the upward (—2) component (resultant is a net +2) .

Nstat, Yspea, Lspea: These derivates are the off-axis response to control inputs and therefore

do not have the impact that the on-axis derivatives will have.
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N,: Also called directional or weathercock stability. The preferred sign is positive which
will give a restoring yaw moment into the sideward velocity perturbation. The math
model shows an unstable ,. The sign difference in N,, weathercock stability, is
probably due to errors in the calculation of Yjz. The second rotor does not seem to be

behaving properly for side velocities.

N,: The preferred magnitude for N, is zero for a helicopter. The math model and GTRS
magnitudes of N, are small. Therefore it was deemed negligible that the signs were

different.

Differences also exist in the magnitude of some of the derivatives. For example, laterally
the math model magnitude of N, is twice that of GTRS, N, is 50 times GTRS, L, is 3
times GTRS, Ny, 1s 1/3 GTRS and Ly, 1s 50% greater. Longitudinally, M, is twice that
of GTRS, M, is 8 times greater, X, is 4 times greater, and Z,, is off by two orders of
magnitude. Assuming that GTRS more accurately matches flight test, then the magnitude
differences imply that there are errors in the math model, primarily in the rotor since the

number of gross magnitude differences were less in airplane mode.
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Helicopter Mode, 0.01 kts:

A matrix
u v
X -0.0506 0
Y 0 -0.0355
VA 0.0697 0
L 0 -0.0017
M 0.0058 0
N 0 -0.0020
0] 0 0
6 0 0
7] 0 0
A matrix (GTRS)
u 14
X -0.0127 0
Y 0 -0.057
VA -0.0707 0
L 0 -0.005
M 0.0007 0
N 0 0.0012
0] 0 0
6 0 0
7] 0 0
B matrix (Math Model)
60 Olong
X 1.8066 2.1794
Y 0 0
V4 -250.61 0.0239
L 0 0
M 0.2633 -0.2539
N 0 0
[0) 0 0
¢ 0 0
W 0 0

w
0.0008
0
0.0022
0

[=leN oo =]

w
-0.0027
0
-0.1984
0

S O O OO

O lat

-0.0016

0.3364

0.0082

p
0

-3.7822
0.0037
-1.1448
0
-0.0030

0
-1.2538
0
-0.3568
0
0.1511
1
0
0

Oped
0
-0.1036
0
-0.0033
0
0.1615
0
0
0

q r %
3.7899 0 0
0 0.4317 32.1974
-0.3388 0 0
0 0.1055 0
-0.4409 0 0
0 -0.0211 0
0 0.0128 0
1 0 0
0 1 0
q r @
1.3154 0 0
0 -0.487 32.1662
0.3676 0 0
0 0.1159 0
-0.2007 0 0
0 -0.0286 0
0 0 0
1 0 0
0 1 0
B matrix (GTRS)
ocoll olong
X 1.33 -0.0843
Y 0 0
VA 0.0154  -5.3566
L 0 0
M -0.1887  -0.0029
N 0 0
[0) 0 0
] 0 0
W 0 0
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6
-32.1973
0
-0.4132

[=el oo X ==

6
-32.166
0
0.4963
0

S O O OO

Olat

-0.0434

0.2411

-0.0211

oo ococoo oo o€

S oo oo oc oo o€

oped
0.2446
0.0232

0.1006



Airplane Mode, 200 kts:

A matrix (math model, 200 kts)

u v w
X -0.3893 0 0.0654
Y 0 -0.2709 0
V4 -0.1668 0 -1.3015
L 0 -0.0043 0
M 0.0199 0 -0.0269
N 0 0.0177 0
® 0 0 0
6 0 0 0
W 0 0 0
A matrix (GTRS)
u v w
X -0.4138 0 0.0729
Y 0 -0.3744 0
VA -0.1709 0 -1.2073
L 0 -0.0131 0
M 0.0215 0 -0.0372
N 0 0.0096 0
® 0 0 0
0 0 0 0
w 0 0 0
B matrix (Math Model)
6o Olong Olat
X 169.8514  0.0976 0
Y -0.0023 0 0
V4 -1.3988 -2.8112 0
L 0 0 0.1233
M -7.1790  -1.223342 0
N 0 0 0.0334
) 0 0 0
6 0 0 0
(1] 0 0 0

p
0

10.4945
-0.0040
-0.9309
0
-0.4196
1
0
0

6.3158
-0.8073

-0.1881

Oped
-2.7234
-0.0670
0.3696

0

0
0

q r @
-9.4549 0.0039 0
0 -340.9048 32.1821
339.9659 0 0
0 0.1337 0
-2.6295 0 0
0 -1.8442 0
0 0.0334 0
1 0 0
0 1 0
q r %
-6.5286 0 0
0 -328.3823 32.1621
325.1683 0 0
0 -0.065 0
-2.1913 0 0
0 -1.0034 0
0 0 0
1 0 0
0 1 0
B matrix (GTRS)
ocoll olong
X -0.0656 5.1084
Y 0 0
VA -3.1791 0.0615
L 0 0
M -1.4324  -0.2439
N 0 0
[0) 0 0
] 0 0
W 0 0
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6

-32.1820

0
-1.0754
0

S O O o O

0
-32.1621
0
-0.7124
0

S O O O O

Olat
0
0.0041
0
0.3339
0
0.0902
0
0
0

cC o ococococ oo o€

c o ocoococoo oo o<F€

oped

-2.7109

-0.0694

0.3816



Airplane Mode, 200 kts:

A matrix (math model, 200 kts) , modified aileron

u

v

X -0.3893 0
Y 0 -0.2709
zZ -0.1668 0
L 0 -0.0043
M 0.0199 0
N 0 0.0177
® 0 0
6 0 0
1] 0 0
A matrix (GTRS)
u v
X -0.4138 0
Y 0 -0.3744
VA -0.1709 0
L 0 -0.0131
M 0.0215 0
N 0 0.0096
[0) 0 0
0 0 0
1] 0 0

w
0.0654
0
-1.3015
0
-0.0269
0

0
0
0

w
0.0729
0
-1.2073
0
-0.0372
0

p
0

10.4945
-0.0040
-0.9309
0
-0.4196
1
0
0

p
0

6.3158
0
-0.8073
0
-0.1881

B matrix (Math Model) , modified aileron

6o
169.8514
-0.0023
-1.3988
0
-7.1790

€ 08 T I NN~ X

S O O O

Olong
0.0976
0
-2.8112
0
-1.223342
0

0
0
0

O lat
0
0
0
0.3676
0
0.0309
0
0
0

Oped
0
-2.7234
0
-0.0670
0
0.3696
0
0
0

q r @
-9.4549 0.0039 0
0 -340.9048 32.1821
339.9659 0 0
0 0.1337 0
-2.6295 0 0
0 -1.8442 0
0 0.0334 0
1 0 0
0 1 0
q r ¢
-6.5286 0 0
0 -328.3823 32.1621
325.1683 0 0
0 -0.065 0
-2.1913 0 0
0 -1.0034 0
0 0 0
1 0 0
0 1 0
B matrix (GTRS)
ocoll olong
X -0.0656 5.1084
Y 0 0
VA -3.1791 0.0615
L 0 0
M -1.4324  -0.2439
N 0 0
[0) 0 0
6 0 0
W 0 0

100

6
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0
-1.0754
0

S O O O O

6

-32.1621

0
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0

S O O O O
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0.0041
0
0.3339
0
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0
0
0
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The poles extracted from the linearized model are presented in Figures 25 to 29. The
arrows show the direction of increasing airspeed. In general, the math model shows the
aircraft getting more stable with increasing speed. The eigenvalues associated with the

plots can be found in Appendix D.
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Figure 25: Math Model Airplane Mode Pole Movement
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Flight test data was available from Reference 24 in hover and in airplane mode at 170 kts.
Frequency sweeps were performed to extract the aircraft dynamics. Data was also
gathered at £),=60° and £)~=20° however that data was not published and was unavailable
for this project. A comparison between the modes from the math model, GTRS (from

Reference 9), and flight are shown in Figures 30 to 38.

The comparison for the hover modes is shown in Figure 30, the lateral directional modes
are shown in Figure 31, and the longitudinal modes are shown in Figure 32. The
characteristic of the pole distribution between the math model, GTRS, and flight are
similar. For the lateral-directional oscillatory mode, the math model has 78% of the
damping in GTRS and 58% of the damping in flight. The math model oscillatory period
is roughly twice that of GTRS and flight. For the real poles, the math model short period
mode has a slightly shorter period than GTRS (5.3 sec vs. 8.6 sec); however, the period is
essentially the same as the flight test period (5.3 sec vs. 5.1 sec). The long period mode
from the math model has a much shorter time period (48 sec) than GTRS which has a
time period >1000 sec. A much better comparison is made between the math model and
the flight data which has a long period frequency of 61 sec. The real pole at the origin is

the heading mode.

For the longitudinal modes, the oscillatory modes have essentially the same damping
ratio (math model has 94% the damping of GTRS); however, when compared to flight,
the math model has only 66% of the damping. The math model oscillatory period is half

that of GTRS (13 sec vs. 25 sec); however the math model frequency is closer to the
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flight value (13 sec vs. 11 sec). For the real poles, the math model short period mode has
a period that is half that for GTRS and approximately 60% of the flight value. The math

model long period mode is unstable compared to the stable mode from GTRS and flight.

Math Model Helicopter Mode Longitudinal Roots (Hover):

Eigenvalue Damping Frequency (rad/sec)
0.0033 —-1.00 0.0033
—0.7892 1.00 0.7892
0.1483 + 0.4616i —0.306 0.485
0.1483 —0.46161 —0.306 0.485

Math Model Helicopter Mode Lateral Roots (Hover):

Eigenvalue Damping Frequency (rad/sec)
0 —1.00 0
0.0579 + 0.2321i —0.242 0.239
0.0579 — 0.2321i —0.242 0.239
—0.1312 1.00 0.1312
—1.1861 1.00 1.19

Flight Test Helicopter Mode Longitudinal Roots (Hover):

Eigenvalue Damping Frequency (rad/sec)
—0.105 1.00 0.105
-1.32 1.00 1.32
0.2681 + 0.5132i —0.463 0.579
0.2681 —0.5132i —0.463 0.579

Flight Test Helicopter Mode Lateral Roots (Hover):

Eigenvalue Damping Frequency (rad/sec)
0 —1.00 0
0.1868 + 0.4061i —0.418 0.447
0.1868 —0.4061i1 —0.418 0.447
—0.102 1.00 0.102
—1.23 1.00 1.23
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GTRS (XV-15) Hover Model Longitudinal Roots:

Eigenvalue Damping Freq. (rad/sec)
0.0810 + 0.23521i -0.3256 0.2487
0.0810 - 0.23521 -0.325¢ 0.2487
-0.3733 1.0000 0.3733
=0.2005 1.0000 0.2005

GTRS (XV-15) Hover Model Lateral Roots:

Eigenvalue Damping Freq. (rad/sec)
0.1445 + 0.445%i -0.3083 0.4688
0.1445 - 0.445%i =-0.3083 0.4688
-0.7305 1.0000 0.73205
-0.0008 1.0000 0.0008
0 -1.0000 0

Math Model (o) ws GTR (x) and Flight (square) Coupled Haver Eigenvalues
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Figure 30: Helicopter Mode Hover Pole Comparison
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Math Model (o) vs GTR (x) and Flight (square) Lateral Hover Eigenvalues
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Figure 31: Helicopter Mode Hover Lateral Pole Comparison
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Figure 32: Helicopter Mode Hover Longitudinal Pole Comparison
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The airplane mode 200 kts modes are compared to GTRS in Figure 33, the lateral
directional modes are shown in Figure 34, and the longitudinal modes are shown in
Figure 35. The characteristic of the pole distribution between the math model and GTRS
are similar. For the lateral-directional oscillatory mode, the math model has 38% more
damping than GTRS. The frequency associated with these oscillatory modes is also 44%
different as the math model oscillatory period is 2.5 sec where GTRS period is 3.4 sec.
For the real roots, the lateral-directional short period mode is at essentially the same
location for the math model and GTRS (5.9 sec vs. 6.1 sec). The math model long period
mode has a much longer period than GTRS. The real pole at the origin is the heading

mode.

For the longitudinal oscillatory modes, the math model and GTRS are essentially at the
same locations in the right hand plane (unstable). One mode has 90% the damping of
GTRS and the other mode has 125% the damping of GTRS. The frequencies vary by

only 5-7%.
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Math Model Airplane Mode Longitudinal Roots (200 kts):

Eigenvalue Damping | Frequency (rad/sec)
—0.2007 + 0.1898i 0.727 0.276
—0.2007 — 0.1898i 0.727 0.276
—1.9594 +2.9700i 0.551 3.56
—1.9594 — 2.9700i 0.551 3.56

Math Model Airplane Mode Lateral Roots (200 kts):

Eigenvalue Damping Frequency (rad/sec)
0 —1.00 0
—0.0238 1.00 0.0238
—0.9950 + 2.34571 0.391 2.55
—0.9950 — 2.3457i 0.391 2.55
—1.0323 1.00 1.03

GTRS (XV-15) Airplane Model Longitudinal Roots:

Eigenvalue Damping Freq.
-0.2115 4+ 0.1576i 0.8018
-0.2115 - 0.15761 0.8018
-1.6948 + 3.455541 0.4403
-1.6948 - 3.45551 0.4403

0
O
3
3

GTRS (XV-15) Airplane Model Lateral Roots:

Eigenvalue Damping Freq.
0 -1.0000

-0.1226 1.0000

-0.4989 + 1.77021 0.2712

-0.,498% - 1.77021 0.2712

=1.0649 1.0000
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Wlath Model (o) vs GTR (%) Coupled APLM 200 kts Eigenvalues
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Figure 33: Airplane Mode 200kts Pole Comparison
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Figure 34: Airplane Mode 200kts Lateral Pole Comparison
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Math Maodel (o) vs GTR (x) Longitudinal APLN 200kts Eigenvalues
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Figure 35: Airplane Mode 200kts Longitudinal Pole Comparison

The airplane mode 170 kts modes are compared to flight in Figure 36, the lateral
directional modes are shown in Figure 37, and the longitudinal modes are shown in
Figure 38. The characteristic of the pole distribution between the math model and flight
are similar. For the lateral-directional oscillatory mode, the math model has 60% more
damping than flight. The frequency associated with these oscillatory modes is also 40%
different as the math model oscillatory period is 2.9 sec where the flight period is 4 sec.
For the real roots, the lateral-directional short period mode has 80% of the flight damping
and 25% smaller frequency which gives a math model time period of 7.1 sec and a flight
time period of 5.8 sec. The math model long period mode has approximately 2.5 times
the period of flight. The short period mode is probably the roll mode and the long period

mode is probably the spiral mode. The real pole at the origin is the heading mode.
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For the longitudinal oscillatory modes, the flight phugoid dynamics were not presented
by Tischler as they are only important at the lowest frequency inputs. For the other
oscillatory mode, the math model has essentially the same damping but has a frequency

that is 60% greater than the flight value.

Math Model Airplane Mode Longitudinal Roots (170 kts):

Eigenvalue Damping | Frequency (rad/sec)
—1.6653 +2.7127i 0.523 3.18
—1.6653 — 2.7127i 0.523 3.18
—0.1946 + 0.2097i 0.680 0.286
—0.1946 — 0.2097i 0.680 0.286

Math Model Airplane Mode Lateral Roots (170 kts):

Eigenvalue Damping Frequency (rad/sec)
0 —1.00 0
—0.9076 + 2.0046i 0.412 2.20
—0.9076 + 2.00461 0.412 2.20
—0.0234 1.00 0.0234
—0.8838 1.00 0.8838

Flight Test Airplane Mode Longitudinal Roots (airplane mode 170kts):

Eigenvalue Damping Frequency (rad/sec)
—1.0833 + 1.7062i 0.536 2.021
—1.0833 + 1.7062i 0.536 2.021

Flight Test Airplane Mode Lateral Roots (airplane mode 170kts):

Eigenvalue Damping Frequency (rad/sec)
0 —1.00 0
—0.3918 + 1.5306i 248 1.58
—0.3918 — 1.5306i 248 1.58
—0.0630 1.00 0.063
—-1.09 1.00 1.09
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Math Model (o) ws Flight (square) Coupled APLN 170 kts Eigerwalues
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Figure 36: Airplane Mode 170kts Pole Comparison

Math Model (o) ws Flight (square) Lateral APLN 170kts Eigenvalues
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Figure 37: Airplane Mode 170kts Lateral Pole Comparison
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Wlath Model (o) vs Flight (square) Longitudinal APLMN 170kts Eigenvalues
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Figure 38: Airplane Mode 170kts Longitudinal Pole Comparison

Bode plot comparisons can be made with flight test data (see Figures 39-45). The flight
test data analysis (see Reference 24, 25, and 26) was done in a form that compared the
aircraft response to the control surface deflection, rather than the cockpit control
deflection. Therefore, the math model data had to be multiplied by the gearing ratio in
order to be plotting consistent data. All figures show a positive input/output ratio. For
example, the g/d.., plot is actually showing g/—d.., since a positive elevator deflection
would give a negative pitch rate. Due to the frequency of pilot inputs, only the range of
interest is plotted (approximately 10 to 10"). The additional data on the plots is
Tischler’s analysis of the data using simulator frequency sweeps and non-real time

simulation. That analysis is detailed in Reference 24 and is not covered here.
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The airplane mode p/d,; (Figure 39) Bode plot matches fairly well over the range of
interest. The gain slope change for both curves between approximately 1-2.5 rad/sec is
also the location of the lateral-directional oscillatory mode. There is approximately a

10 dB offset in the gain plot which equates to a factor of 3. This delta can also be seen in
the lateral input time history data where the peak roll attitude and roll rate from the math
model is essentially 1/3 that seen in flight. If GTRS is assumed to match flight, the
potential source of this difference can be contributed to Ls,; differing by approximately a
factor of 3. For the lower frequencies, the gain is essentially constant. Beyond the
lateral-directional oscillatory frequency the gain falls off at the standard rate of 20

dB/decade which implies a standard 1/s roll rate response for the aircraft.

The math model provides a good approximation of the phase response. For the lower
frequencies the math model shows more phase lag while at the higher frequencies the
math model shows less phase lag but is approaching —90°. The flight data goes below the
—90° phase point. Part of this phase difference at the higher frequencies may be due to
the actuator dynamics that exist in the real aircraft. The character of the phase curve

indicates that the system is stable.

Again, applying a factor of three to the aileron effectiveness results in much better flight

correlation. The Bode plot of the response with for the modified aileron is shown in

Figure 40. The magnitude of the aircraft response to an aileron input now matches flight.
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The airplane mode g/d..., plot (Figure 41) also matches fairly well to flight. For the gain
plot, the peak gain from the math model at the just over 3 rad/sec is due to the location of
the short period mode. The math model peaks at approximately the same gain, but at a

higher frequency that the flight data. As is expected, the phase lag for both of the gain
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Figure 39: Airplane Mode 170 kts p/d,;; Bode Plot and Coherence Function
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Figure 40: Airplane Mode 170 kts p/d,; Bode Plot (Modified Aileron)
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Figure 41: Airplane Mode 170 kts g/d..., Bode Plot and Coherence Function
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peaks in the 1-3 rad/sec area is —45°. The significant shift in the gain and phase at the
higher frequencies shows gain and mode location differences. The math model gain for
frequencies less than 2 rad/sec appears to have a constant offset from the flight data
which indicates that there is a control effectiveness error in the math model that is
resulting in less response than the aircraft. The large difference in phase below 0.6
rad/sec is probably due to the locations of the phugoid modes. The +90° phase shift
associated with the stable phugoid mode from the math model occurs around the phugoid
frequency of 0.286 rad/sec. The flight phugoid mode frequency is much lower and
therefore the flight data is already at a constant phase offset by the time the frequency is

above 0.1 rad/s.

For helicopter mode, the p/d,; Bode plot can be seen in Figure 42. The gain plot appears
to have fairly good correlation however the phase plot shows larger differences. For the
gain plot, the flight and math model curves have the same character; however, the peak
response frequencies differ due to the determined frequencies of the lateral oscillatory
mode. For the frequencies beyond the lateral oscillatory mode frequency the plot shows
the classic —20 dB/decade roll off associated with the 1/s roll rate response of the aircraft.
With respect to the phase plot, it can be seen from the positive slope change that the
lateral oscillatory mode in both the math model and in flight are unstable. The math
model’s prediction of the phase below approximately 3 rad/sec differs from the flight
data. The math model is off by 50° — 90° in phase at these lower frequencies. Part of the

issue appears to be the difference in depicting the frequency of the long period mode.
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The flight test data is also showing low coherence below 0.6 rad/sec. Further
examination of the poles and zeros for the p/d,; transfer function shows that there is a
pole zero pair that is not quite cancelling at the lower frequencies. Since the flight data
was gathered in ‘hover’ with winds less than 5 kts, the flight Bode plot was also
compared to the math model at 1 kt forward velocity (Figure 43). As can be seen in this
comparison, the phase comparison is better at the lower frequencies when using the
higher velocity, however, the large phase difference between approximately 0.2 — 2 rad/s
still exists. This indicated that the phase error is probably just due to the frequency

difference of the lateral-directional oscillation poles.

Hover:
b _ zeros _ (0)(—0.7892)~0.1103)0.0033)(0.1483 + 0.4616i{0.0255 +0.0817:)
8.  poles  (0)-0.7892)-0.1312)0.0033)~1.1861)0.1483+0.4616i)0.0579 +0.2321)

zeros  (-0.1103)0.0255+0.0817i)
poles  (=0.1312)-1.1861)0.0579 +0.2321)

Hover Damping Freq
Zero 0.0255+0.08171 —0.3285 0.0776
Pole 0.0579+0.2321i —0.242 0.239
1 kt:
P _ zeros _ (0)(—0.7961)—0.1204)-0.0999)(0.147 + 0.4620:{0.0186 + 0.0570:)
5, poles  (0)—0.7961)— 0.1204)— 0.0823)—1.2331)0.147 + 0.4620:)0.0315 = 0.2136i)
zeros  (~0.0999)0.0186 + 0.0570i)

poles  (~0.0823)-1.2331)(0.0315 +0.2136i)

1 kts Damping Freq
Zero 0.0186+0.05701 —0.01548 0.2137
Pole 0.0315+0.2136i1 —0.146 0.2159
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Figure 42: Helicopter Mode Hover p/d,; Bode Plot and Coherence Function
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Figure 43: Helicopter Mode 1 kt p/d,; Bode Plot and Coherence Function

The helicopter mode g/d.., response can is shown in Figure 44. The gain response again
has the same characteristic as the flight data however the peak gain frequencies differ due
to the difference in the phugoid frequency. The math model also has a larger response at
that peak frequency. For frequencies greater than the phugoid frequency the model and
the flight data both have the characteristic —20 dB/decade gain change. During the gain

drop-off the math model has an offset of approximately 2—3 dB from the flight test data.
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This shows that the math model is about 30% more responsive than the aircraft. Per
Reference 24, there was additional ballast placed into the tail for the test flights. This
additional weight and change in inertia is not reflected in the math model and could

explain why the math model is more responsive.

From the ¢/d..., phase plot, it can be seen that the phugoid is unstable due to the decrease
in phase offset. For frequencies greater than 1 rad/sec, both the flight test data and math
model show the phase offset essentially equaling —90°. However, the flight test phase
offset starts getting larger and drifting away from the —90° value. As shown in Reference
24, the coherence of the flight data above 5 rad/s is less than unity which helps explain

some of this increase.

The 7/6,.4 Bode plot for helicopter mode is shown in Figure 45. For frequencies greater
than 0.6 rad/sec, the math model prediction of the flight response is good. The difference
in the gain roll-off frequency correlates with the difference in lateral oscillatory mode
frequency between the math model and flight. For the gain response, the sharp sink in
gain near 0.2 rad/sec appears to correspond to the lateral oscillatory mode frequency.
However the sharp rise in magnitude indicates that there is also a zero in this area. The
phase response near 0.2 rad/sec appears to correlate to the lateral-directional oscillation
frequency. The phase shift indicates that the lateral-directional oscillation is stable.
However, when the poles are analyzed, the lateral-directional oscillation mode appears to
be unstable. The phase response near 0.2 rad/sec again indicates that there is a pair of

zeros in that frequency range. When the poles and zeros were analyzed it was determined
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that there was in deed an unstable pair of zeros that were not quite cancelling out the
unstable lateral-directional oscillation poles. This pole-zero pair shows up in the math
model Bode since all other controls are held fixed. During the flight test frequency
sweep, the pilot was actively or passively cancelling out off axis response therefore this
does not exist in the flight data. If the math model pole-zero pair had cancelled better,
the 7/0,,4 response would look like a simple 1/(s%1) response with the gain plot not
having a spike and the phase plot having a standard 0° to —90° or —180° to —90° phase

shift.

r__ zeros _ (0)(- 0.1204)(~1.236 )~ 0.7961)(0.147 + 0.462:)0.0033 + 0.21367 )
Sua  poles (0= 0.1204) - 0.0823)~1.2331)~ 0.7961)0.147 £ 0.462)0.0315 + 0.2136i)

zeros (~1.236)0.0033 + 0.2136i)
- =
poles  (~0.0823)~1.2331)0.0315 + 0.2136i)

For frequencies greater than 0.5 rad/sec the gain shows the 20 dB/decade roll off
associated with a 1/s yaw rate command system. The math model does have a slight
parallel offset in gain of about 5—7 dB which means that the math model is over
predicting the yaw response by about a factor of two. The flight test tail ballast that is not
modeled in the math model could be the culprit in that the ballast increases the inertia
thereby reducing the control sensitivity of the aircraft. The phase offset has a great match
from 0.5 to 3 rad/sec. The apparent oscillatory phase offset less than —90 deg is due to
the low coherence at greater than 3 rad/s. At the low frequencies, the large phase
discrepancy indicates that the math model over estimates the amount of yaw damping in

the aircraft, which can be seen in the pedal step input time history.
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Figure 44: Helicopter Mode Hover ¢/d..., Bode Plot and Coherence Function
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Figure 45: Helicopter Mode Hover #/6,, Bode Plot and Coherence Function
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No flight data was available for the conversion mode conditions; however, Bode plots for
one speed at each trim nacelle setting are described below. The mode data from the poles

1s also included.

The Bode plots for the math model 15° S, conversion mode, 40 kts data is presented in
Figures 46 — 48. Figure 46 is the ¢/d..., Bode plot. The large peak in the gain plot that is
associated with the large phase increase occurs as the phugoid frequency and indicates
that the phugoid is unstable. The minor inflection associated with the 45° phase crossing
in the phase roll off from 0° to —90° is at the longitudinal short period frequency.

For the p/d,; plot in Figure 47, the first peak in the gain plot that is associated with the
start of the phase roll off occurs at the lateral-directional oscillatory mode frequency. For
the frequencies greater than 0.6 rad/sec, the gain has the characteristic 20 dB/decade roll
off. The short period is located at the point where the phase offset is —45° on the phase

decay from 0° to —90°.

Figure 48 is the 7/0,, Bode plot. The peak in the gain plot occurs at the Dutch roll

frequency and a phase offset of —45°. The short period mode appears to occur at the

frequency where the phase offset reaches —90°.
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Math Model 15° Sy Conversion Mode Longitudinal Roots (40 kts):

Eigenvalue Damping | Frequency (rad/sec)
—0.6785 +0.78351 0.655 1.04
—0.6785 — 0.78351 0.655 1.04

0.0022 + 0.29611i —0.00754 0.296
0.0022 — 0.29611i —0.00754 0.296

Math Model 15° fi; Conversion Mode Lateral Roots (40 kts):

Eigenvalue Damping Frequency (rad/sec)
0 —1.00 0
—1.5413 1.00 1.54
0.0683 —1.00 0.0683
—0.1215 +0.5312i 0.223 0.545
—0.1215 - 0.5312i 0.223 0.545
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Figure 46: 15° By Conversion Mode, 40kts ¢/d.;., Bode Plot
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The Bode plots for the math model 30° i, conversion mode, 80 kts data is presented in
Figures 49 — 51. Figure 49 is the ¢/d...» Bode plot. The large peak in the gain plot at the
lower frequency is associated with the phugoid mode. The phase offset associated with
this mode is 45°. The second peak at the higher frequency is associated with the short
period mode. The phase at this frequency is —45° phase crossing in the phase roll off

from 0° to —90°. The phase plot also shows that both longitudinal modes are stable.

For the p/d,; plot in Figure 50, the peak in the gain plot that is associated with the
increase in the phase roll off occurs at the lateral-directional oscillatory mode frequency.
For the frequencies greater than approximately 2 rad/sec, the gain has the characteristic
20 dB/decade roll off. The short period is located at the point where the phase offset is

—45°.

Figure 51 is the 7/0,, Bode plot. The peak in the gain plot occurs at the Dutch roll
frequency and a phase offset of —45°. The change in the phase plot shows that the Dutch
roll mode is stable. The short period mode appears to occur at the frequency where the
phase offset reaches —90°. Due to the shape of the low frequency area of the gain plot,
there appears to be an additional mode that is below the pilot frequency range. This can
be seen in the pole listing and is the long period mode that has a frequency of 0.0023

rad/sec.

131



Math Model 30° Sy Conversion Mode Longitudinal Roots (80 kts):

Eigenvalue Damping | Frequency (rad/sec)
—0.950 + 1.7003i 0.488 1.95
—0.950 — 1.70031 0.488 1.95
—0.0341 + 0.2002i 0.168 0.203
—0.0341 — 0.20021 0.168 0.203

Math Model 30° S Conversion Mode Lateral Roots (80 kts):

Eigenvalue Damping Frequency (rad/sec)
0 —1.00 0
—1.8298 1.00 1.83
—0.1878 + 1.0443 0.177 1.06
—0.1878 — 1.0443 0.177 1.06
—0.0023 1.00 0.0023

gideley(dliong) COMY 30 deg, 50 k=
Fram: Ing1) To: o
T

15
10 4
A .
o
% 5 f{ \\R___J____,.r"f . i
=
% o /" e
= J T
= .
=L i
A0 - S
135 p— . ; — . ; ——rr
—
a0 - hY g
@ as b \\ _
=]
z e —
£ ~ '
S
a5k i
H""\-\.
h\_"‘-\_
gk . . Al n . . e A e
107 10" 10"

Freguency (radizec)

Figure 49: 30° s Conversion Mode, 80kts ¢/d.., Bode Plot
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Figure 50: 30° 5 Conversion Mode, 80kts p/d,; Bode Plot
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Figure 51: 30° ) Conversion Mode, 80kts 7/d,,; Bode Plot
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The Bode plots for the math model 60° £, conversion mode, 100 kts data is presented in
Figures 52 — 54. Figure 52 is the ¢/d...» Bode plot. The low frequency peak in the gain
plot is associated with the phugoid mode. The phase offset associated with this mode is
45°. The second peak at the higher frequency is associated with the short period mode.
The phase at this frequency is —45° phase crossing in the phase roll off from 0° to —90°.

The phase plot also shows that both longitudinal modes are stable and oscillatory.

For the p/d,; plot in Figure 53, the peak in the gain plot that is associated with the
increase in the phase roll off occurs at the lateral-directional oscillatory mode frequency.
For the frequencies greater than approximately 1.5 rad/sec, the gain has the characteristic
20 dB/decade roll off. The short period is located at the point where the gain plot has a
minor slope change and the phase offset slope also momentarily changes (approximately

1.5 rad/sec).

Figure 54 is the 7/6,,4 Bode plot. The peak in the gain plot occurs between 1-2 rad/sec
where both the Dutch roll mode and the short period mode reside. The change in phase
associated with these modes is a phase roll off that asymptotically approaches —90°. The
phase offset associated with the short period mode appears to be —45°. The change in the
phase plot shows that the Dutch roll mode is stable. Due to the shape of the low
frequency area of the gain plot, there appears to be an additional mode that is below the
pilot frequency range. This can be seen in the pole listing and is the long period mode

that has a frequency of 0.0618 rad/sec.
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Math Model 60° 5 Conversion Mode Longitudinal Roots (100 kts):

Eigenvalue Damping | Frequency (rad/sec)
—1.1004 + 2.1786i 0.451 2.44
—1.1004 — 2.1786i 0.451 2.44
—0.1079 + 0.2224i 0.437 0.247
—0.1079 — 0.2224i 0.437 0.247

Math Model 60° 5 Conversion Mode Lateral Roots (100 kts):

Eigenvalue Damping Frequency (rad/sec)
0 —1.00 0
—1.4851 1.00 1.49
—0.3702 + 1.18541 0.298 1.24
—0.3702 — 1.18541 0.298 1.24
—0.0618 1.00 0.0618
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3.4 Specification Compliance

Using the above helicopter mode data, an attempt was made to determine the bandwidth
and phase delay of the system in order to then apply the ADS-33 short term response
criteria (Reference 27). Bode diagrams of 66/0,,; and 0¢/d;,; are shown in Figures 55
and 56. From these plots, it can be seen that both responses are unstable in helicopter
mode. In order to accurately apply the ADS-33 criteria, a feed back loop or control

system would need to be used in order to first make the system stable.
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Bode Diagram
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Figure 56: Helicopter Mode Hover 6¢/d;,; Bode Plot

In lieu of the ADS-33 bandwidth and phase delay criteria, the math model response was
instead compared to ADS-33 mid-term response to control input criteria which set limits
on the hover and low speed pitch and roll oscillatory mode pole locations. These criteria
are shown in Figure 55 with the hover pole data also plotted. The open face symbols are
math model data while the filled symbols are flight test data. Pitch oscillations are
labeled by the ovals, roll oscillation data are the rectangles. As can be seen from Figure
57, the flight data for a SCAS OFF XV-15 is solid Level 3 in both pitch and roll, while
the math model is predicting the aircraft is borderline Level 2/3 for pitch and Level 1/2
for roll. One item of note is that a frequency sweep was used to obtain the flight pole
locations rather than a pulse. The criteria really only applies at all frequencies below the

bandwidth frequency that was to have been obtained from the bandwidth/phase delay
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short term response. Care must be taken in drawing conclusions from the data in that it is

hard to extract data from a frequency sweep at those frequencies.

Figure 58 shows how the math model poles move with respect to the ADS-33 criteria as
airspeed increases. The roll mode which started at Level 1/2 in a hover move into the
Level 1 region as airspeed increases and then become Level 2 for larger speeds. The
pitch mode, which started at the Level 2/3 boundary moves towards the Level 1 region as
airspeed increases. For both Figures 57 and 58, the Level 1, 2, and 3 boundaries are
shown for fully attended operations. For divided attention operations, the Level 1

boundary is defined by the extension of the = .35 line to the origin.

Figure 59 shows the math model data developed using the small perturbation technique
against the ADS-33 criteria for lateral-directional oscillatory requirements following a
yaw control doublet. The math model lateral-directional oscillation characteristics are

Level 3.

Airplane mode flying qualities are governed by MIL-F-8785C (Reference 28). An
attempt was made to apply the previous analyses to the specification to determine what
level of handling qualities the XV-15 has in airplane mode, SCAS OFF. For the purposes
of this analysis, the XV-15 was determined to be a Class II aircraft (medium weight, low-
to-medium maneuverability airplane). Based on the data gathered previously, the XV-15

1s a Level 1 aircraft based on the tests outline in Table 4. A true assessment would
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require a much more rigorous set data and test specifically designed to extract the

required information.
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Figure 59: ADS-33 Lateral-Directional Oscillatory Requirements

Table 4: MIL-F-8785C Specification Assessment

Paragraph | Title Flying Qualities Level | Rationale
(Flight, Math Model)
3.2.1.2 Phugoid stability Level 1 {>0.04
32.2.1.2 Short Period Damping Level 1 0.35<{<13
Lateral-Directional Level 1 ¢ >0.19
3.3.1.1 oscillations (Dutch roll) (w,>0.35
w,>04
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4. Conclusions

While tiltrotors have been in existence for many years, there exists little publicly released
documentation on simple modeling of tiltrotor aircraft and handling qualities analysis
using these models. Most of the research and published work related to tiltrotors stems
from issues or problems encountered during aircraft development. The documentation
that is available depicts extremely complex modes where the basic equations of motion

are lost in the complexity of the system.

This thesis includes the development of the equations of motion for tiltrotor aircraft
covering airplane mode, helicopter mode, and conversion mode flight. Subsequent
analysis addresses the stability and control aspects of the XV-15 tiltrotor aircraft from the
perspective of a trim and time history solution. A linearized state space model was also
developed and analyzed using the state space matrices, Bode plots, and an eigenvalue
analysis. The results were validated against generic tiltrotor simulation model results and

compared to flight test where available.

Based on the previous results, the simple math model discussed in this report can be used
to determine the equations of motion for all modes of tiltrotor flight (airplane mode,
conversion mode, and helicopter mode). The trim solution reflects the actual aircraft trim
solution well, especially with respect to trends. The fidelity of the elevator and
longitudinal stick matches can be increased by including the rotor wake interactions on

the wing and empennage. The low speed helicopter mode and high nacelle conversion
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comparisons would be improved by including the rotor wake download on the wing. Use
of an articulated rotor to approximate a gimbaled rotor appears to result in rotor Y-force

CITors.

For the time history solution, the implementation of the model resulted in time histories
that showed the basic aircraft response to pilot control inputs; however, these time
histories showed that there is a ‘trim’ residual pitch rate present in the helicopter trim
time history which contaminates the helicopter mode results. Once the ‘trim’ pitch
residual was removed, the math model appears to approximate flight fairly adequately.
However, the removing some of the assumptions would greatly increase the utility of the

model.

The linearized state space model that was developed and analyzed using the state space
matrices, Bode plots, and an eigenvalue analysis was compared to the generic tiltrotor
simulation model results and to flight test where available. The previously discussed

math model limitations also manifested themselves in the linear analysis.

From the analysis of the state space matrices, the math model shows some sign issues
with some of the non-primary derivatives. The main derivatives appeared to be
approximated fairly well. From the pole analysis, the characteristic of the pole

distribution between the math model, GTRS, and flight are similar.
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The Bode analysis of the angular rates due to control inputs showed that the math model
depicts the aircraft fairly well with respect to the gain (magnitude) and phase of the
aircraft rate due to the control input. The differences in the pole locations were also
depicted in the Bode plots. Overall, the comparison was favorable. Conversion mode

Bode plots were also included.

The previously discussed results were compared to ADS-33 for helicopter mode and
MIL-F-8785C for the airplane mode results to gain an understanding of how a SCAS
OFF XV-15 compared to the specification flying qualities levels. For helicopter mode,
the aircraft was Level 2 or Level 3 for roll and pitch response. As airspeed increased, the
aircraft became more stable and moved into the Level 1 and Level 2 regimes. For the
airplane specification criteria the aircraft is Level 1 SCAS OFF. Additional criteria and
tests would need to be performed to characterize the entire XV-15 for specification

compliance.

This project resulted in a fairly good basic tiltrotor model and was able to show some
inherent tiltrotor characteristics. While the model works well for trims, further model
refinements are needed to better correlate with flight test data and increase the fidelity of

the dynamics extraction.

In addition, in order to make a true assessment of how well a simple model can

approximate a tiltrotor, conversion mode flight data is required for comparison.

144



5. Future Work

While the model presented here is a good basic tiltrotor model, removing some of the
assumptions will result in a higher fidelity model which will more accurately depict the
tiltrotor characteristics. Removing some of the assumptions, however, will increase the
model complexity and at some point the model will no longer be ‘simple’ in design. In
addition, locating further flight data for comparison, especially in the conversion mode

flight regime would greatly improve the validity of the comparisons.

Following is a list of suggested initial modifications to increase the model fidelity and
model capability. Incorporation of the following set of improvements will increase
model fidelity while retaining the ‘simple’ model approximation:

1. Include more refined downwash effects on the vertical tail and horizontal tail due
to the wing wake. Include the rotor wake influences. This change will result in
better correlation in the 20—50 kt range where there is wake impingement on the
tail. The small angle assumption for angle of attack at the horizontal tail and the
linear lift curve slope assumption for the horizontal tail are also negated.

2. Change blade twist to more accurately represent the blade shape. A better
approximation would be a dual linear approximation or another higher order
model, not the single linear approximation used for this analysis.

3. Include wing download model. Work regarding modeling of these effects can be
found in Reference 29.

4. Incorporate dynamic inflow rather than assuming uniform inflow.
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Remove the small angle approximation assumption for  and a. For heart of the
envelope calculations, the small angle approximation is adequate, however,
increased fidelity can be found by covering non-linear factors like stall and
dynamics due to angular rates at the surfaces.

Use the quadratic lift coefficient method for determining angle of attack and
sideslip rather than the currently used trigonometric functions. Rearward and
sideward flight currently not modeled. The trigonometric functions for angle of
attack and sideslip cause singularities in the model. The quadratic lift coefficient
method can be used to mitigate this. “For this technique, forces for lifting
surfaces are computed using quadratic coefficients multiplied by the squares of
the velocity components so that negative velocities cannot cause singularities. No

explicit computation of angle of attack or sideslip is needed...” (Reference 18)

The following improvements are more complex and start to violate the ‘simple” model

assumption:

1.

3.

Include nacelles as a separate configuration item. This will more provide more
accurate aircraft forces and moments.

Include proprotor-fuselage interference. This change removes the assumption that
the dynamic pressure at the fuselage is the same as the free-stream dynamic
pressure. This change will also fix the fuselage download discrepancy that
currently exists (especially in the hover and low speed helicopter mode cases and
the higher nacelle angle conversion mode cases).

Include drag due to elevator deflection.
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4. Include forward wing sweep.

5. Include drag due to aileron deflections.

6. Include proprotor on proprotor interference on the rotor calculations. (This is a
more complex modification.)

7. Add pressure altitude dependencies in order to trim the aircraft at different
altitudes and understand the altitude effects due to density.

8. Include J5 and S, in rotor modeling.

9. Include ground effects.

10. Incorporate higher order flapping and lead-lag blade motions.

11. Implement a rotor governor and SCAS

147



Appendices

Appendix A: XV-15 Basic Aircraft Parameters ..........cccceeveveeneniencenceiencnne, 149
Appendix B: XV-15 Control System Development ...........cccccevvveveeiienienennenne. 164
Appendix C: Trim ReSults .......oooeeiiiiiiiiieieeeeeeeeeeee e 170
Appendix D: Linearized Model Eigenvalues..........c.ccoccevieviiniinieninnicniencnene 229

148



Appendix A: XV-15 Basic Aircraft Parameters

(All data extracted from Reference 7 unless otherwise noted)

Rotor
Parameter Description Symbol | Value | Units Moder:a\r/rzla:able
Radius R 12.5 ft R
Rotor Speed [VTOL, CONV] | @ 589 RPM | Omega
Rotor Speed [APLN] Q0 517 RPM | Omega
Chord c 14 in C
Number of blades Ny 3 -- Nb
Twist 6 —41 deg theta tw
Twist at Hub Ono 40 deg thetatwO
Hinge offset e 0 e
Blade flapping Inertia Iy 102.5 Sl;,lg Ib
ft
Mast height Ry 4.67 ft RH
Nacelle pivot point fuselage Xn 25 ft (in Ryj)
station
Nacelle pivot point height zp 8.3 ft (in Rnk)
above waterline
Buttline Nacelle pivot point Vi 16.1 ft (in Ryj)
position
Rate of nacelle movement IBM 0 deg/s | INdot
Blade pre-cone angle By 0" deg betaP
Flapping spring constant Ky 225 ft- Kbeta
Ib/deg
**Actual value of blade pre-cone angle for the XV-15 is 2.5 deg.
Fuselage
Parameter Description Symbol | Value | Units MOder:a\r/ﬁ(:'able
Flat plate drag f 1.6 ft” f
Lift curve slope fisse 0.286 /rad a fuse
Zero lift angle of attack Q0L fuse -8.0 deg alpha zeroLfuse
Zero AOA Moment coefficient | Cyp s —0.070 ft-1b CM of
Moment coefficient vs. AOA Chrar 1.145 /rad CM _alphaF
Center of pressure height zy 7 ft z f
above waterline
Center of pressure fuselage Xr 293 in x_f
station
Buttline center of pressure Vr 0 ft y f
position
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Win

Parameter Description Symbol | Value Units Moder:a\r/];a;’lable
Wing area Aving 181 ft’ A wing
Span bring 32.2 ft b w
Aspect ratio AR 5.7 -- AR wing
Center of pressure height Zying 8 ft Z W
above waterline
Center of pressure buttline Vwing 0 ft y W
position
Center of pressure fuselage Xying 243 ft X W
station
Incidence angle Iying 0 deg 1 wing
Lift curve slope Aving 5.31 /rad aw
Zero-lift angle of attack oL —4.02 deg alpha zeroL
Change in Cp, with flap OCr s/ | 0.34 /rad dCL flap dflap
deflection Stap
Profile drag coefficient Cup 0.017 -- CDO wing
Wing chord Cying 5.25 ft c wing
Moment coefficient at zero lift | CMy.,, | —0.02 - CM ow
Drag due to flap deflection oCp, 30367 | rad dCDflap dflap

5ﬂap/ 5ﬂap
Wing efficiency factor E 0.9 - OEF wing
Sweep at quarter chord Acld —6.5 deg sweepc4
Taper ratio A 1 -- Taperratio wing
Moment coefficient vs. angle CiMow 0 deg CM alpha w
of attack
Vertical Tail

Parameter Description Symbol | Value Units Moder:;r/rz:\glable
Area Apr 25.25 ft” A VT
Span byr 7.7 ft b VT
Aspect Ratio ARyt 2.33 - AR VT
Lift curve slope apr 3.06 /rad a VT
Oswald’s efficiency factor e 1 -- OEF VT
Profile drag coefficient Cxo 0.0071 - CDO VT
Height above waterline Zyr 9.6 ft z VT
fuselage station Xyr 47.5 ft x VT
position right of buttline Yyt 6.4 ft y VT
zero lift angle of attack oLy 0 rad alpha_zeroL VT
Change in lift coefficient due oCrLyr 1.15 /rad dCL rud drud
to rudder deflection /Orud

150




Horizontal Tail

Parameter Description Symbol | Value | Units Moder:;r/;;\érlable
Area Aur 50.25 ft” A HT
Span bur 12.83 ft b HT
Chord CHT 3916 ft c HT
Aspect Ratio ARyt 3.27 - AR HT
Incidence angle T 0 deg 1 HT
Lift curve slope anr 4.03 /rad a HT
Zero lift angle of attack QoL HT 0 deg alpha zeroL. HT
Change in lift of the horizontal | 5C; z/ 2.29 /rad dCL H delev
tail with elevator deflection Ovlev
Profile drag coefficient Cup 0.0088 - CDO HT
Moment at zero lift angle of Mo, ur 0 ft-1b M_zeroHT
attack
Horizontal tail efficiency e 0.8 -- OEF_HT
factor
Fuselage station XHT 46.7 ft x HT
Position right of buttline VHT 0 ft y HT
Position above waterline ZHT 8.6 ft z HT

Aircraft Input Parameters

Parameter Description Symbol | Value | Units Moder:a\r/];s\erlable
Mast angle Pu -- deg IN
Gross Weight GW -- lbs GW
Velocity \Y -- kts \Y
Longitudinal CG, helicopter CG -- ft X cg
referenced
Lateral CG, helicopter LCG -- ft y cg
referenced
Waterline CG, helicopter WCG -- ft Z cg
referenced
Turn rate 7% -- rad/s | psidot
Flight Path Angle y -- rad Gamma
Aircraft Mass My eqn slug m ac
pressure at altitude p eqn Sl;lg/ rho

ft
flap deflection angle Oflap -- deg dflap
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Constants

Model Variable

Parameter Description Symbol | Value | Units name
Helicopter mode Roll Moment | 7y, 52795 slug Ixx0
of Inertia ft?

Helicopter mode Pitch Lo 21360 slug Iyy0
Moment of Inertia ft?
Helicopter mode Yaw Moment | /.. 66335 slug 1zz0
of Inertia ft?
Helicopter mode Product of L0 1234 slug Ixz0
Inertia i
Roll Inertia Coefficient KI1 20.5 slug KI1
ft*/deg
Pitch Inertia Coefficient K2 11.24 slug KI2
ft*/deg
Yaw Inertia Coefficient K13 9.26 slug KI3
ft*/deg
Product of Inertia Coefficient | K/4 1.76 slug KI4
ft*/deg
gstar * 0 deg/ra | gstar
9 d
pstar : 0 deg/ra | pstar
P d
rstar i 0 deg/ra | rstar
g d
Gravitational acceleration g 32.2 ft/s” g
Sea level density 5L 0.00238 Sl;lg/ Rho
ft
Longitudinal stick to elevator Ocler/Olong | 4.17 °/in -
gearing ratio
Lateral stick to aileron gearing | d,i/0u 393 °/in -
ratio
Pedal to rudder gearing ratio Orud/Oped | 8 °/in --
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Horizontal Tail C;,

o (deg) CL o (deg) CL o (deg) Cy o (deg) Cp
-180 0 -40 -1.05 8 0.568 50 1.09
-170 0.7 -36 -1.04 12 0.852 60 0.88
-160 0.6 -32 -1.03 122 0.8662 70 0.62
-150 0.84 -28 -1.01 13 0.923 80 0.34
-140 0.98 -24 -0.98 15 1 90 0
-130 0.99 -20 -0.93 16 0.98 100 -0.4
-120 0.86 -18.4 -0.92 16.8 0.94 110 -0.66
-110 0.66 -17.5 -0.93 18 0.89 120 -0.86
-100 0.4 -16.8 -0.99 20 0.88 130 -0.99

-90 0 -16 -1.12 24 0.935 140 -0.98
-80 -0.425 -15.6 -1.1 28 1 150 -0.84
-70 -0.72 -14.2 | -1.0082 32 1.05 160 -0.6
-60 -0.9 -12.5 | -0.8875 36 1.08 170 -0.7
-50 -1.002 -12 -0.852 40 1.1 180 0
Horizontal Tail CL vs Alpha
74 Area of Interest:
With small angle
15 approximation, dCLa. ~ linear
1 .W)—\
.
0.5 - ¢
0
-0.5 ¢
.
-1 ¢ }‘
-1.5
'2 I I I I I I I I I I I 1
-180 -150 -120 -90 -60 -30 O 30 60 90 120 150 180

alpha (deg)
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Linear Region of CLalpha, HT

y=0.0703x - 0.0063

/

-5 -10 -5 0 5 10 15 20
Alpha, degrees

Crur=0.0703 o -.0063 ~ 0. 0.0703 «

Cro nr=10.0703 /deg = 4.03 / rad
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Horizontal Tail Cp,

a MCa[é lfii)— Cp, for Cp, for Cp, for
(deg) 0.2 Mach=0.4 | Mach=0.5 | Mach=0.6

-16 0.115 0.135 ND ND
-12 0.068 0.068 0.088 ND

-8 0.035 0.035 0.035 0.045

-4 0.015 0.015 0.015 0.015

0 0.00875 | 0.00875 | 0.00875 | 0.00875

4 0.015 0.015 0.015 0.015

8 0.035 0.035 0.045 0.065

12 0.068 0.075 0.105 ND

16 0.115 0.145 ND ND

ND = not defined
CDalpha, HT
0.25 -
& Mach=0-0.2
02 \ / ® Mach=0.4
0.15 \ A Mach=0.5
SER\N //
O \
0.1 NN / o Mach—0.6
\)
- Approximation
0.05
0 T T T T T T T 1
-20 -15 -10 -5 0 5 10 15 20
Alpha, degrees

The dashed line in the above graph is the approximation used for Cp,, 7 in the developed
math model. The approximation is used so that Cp 1s no longer a function of Mach

number. Values for the variables were found in Reference 9.
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The equation of the approximation is:

Cp.yr =0.0088+1.98a°

2
Cpur =Cpour +kurCrur where

1
 7OEF,, AR,

HT

Crur =Cprqa

Therefore: CDO,HT =0.0088
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5 CL(x / 5elev

C, for C, for C, for C, for C, for C, for C, for
o (deg)  1000=0°  10uey =-10° 0eter =15° etey =-20° ety =10° Betey =15° 1010, =20°
-14.2 -1.0082 -1.4 -1.55 & -0.61 -0.4 -0.27
-12.5 -0.8875 -1.31 -1.49 & -0.48 -0.28 -0.15
-12 -0.852 -1.26025 | -1.46438 | -1.60318 | -0.44375 | -0.23963 | -0.10082
8 0.568 0.15975 | -0.04438 | -0.18318 | 0.97625 1.18 1.31918
12 0.852 0.44375 | 0.239625 | 0.10082 1.25 1.42 1.5
12.2 0.8662 0.45795 | 0.253825 | 0.11502 1.27 1.43 &
13 0.923 0.51475 | 0.310625 | 0.17182 1.3 3 3
15 1 0.65 0.45 0.29 J J J

* = not linear

Horizontal Tail CLalpha
2 =
1.5
14 * delev=0 deg
= delev=-10 deg
05 - 4 delev=-15 deg
x delev=-20 deg
S 0+ x delev=10 deg
e de=15
-037 + de=20
-1
-1.5-
—2 T T T T T T T 1
-20 -15 -10 -5 0 5 10 15 20
Alpha, deg
Degrees of G . Change in
elevator Cla ato =0 y-intercept
deflection (-intercept) | “pere s, Average 0Cy, y7/0ciey = 0.400 / deg
20 0.0689 0.7172 0.03586 =2.29 /rad
15 0.0697 0.5939 0.03959
10 0.0706 0.4005 0.04005
0 0.0703 -0.0063 --
-10 0.0709 -0.4085 0.04085
-15 0.0699 -0.5996 0.03997
-20 0.0707 -0.7525 0.037625
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Vertical Tail C;, and 6C;/6,,4

C; for Mach=01t00.2

a (deg) 5rud:OO 5rud:150 5md:200 5rud:'150 5md:'200
-16 -0.86 -0.555 -0.4616 -1.165 -1.2584
-12 -0.635 -0.33 -0.2366 -0.94 -1.0334
-8 -0.425 -0.12 -0.0266 -0.73 -0.8234
8 0.425 0.73 0.8234 0.12 0.0266
12 0.635 0.94 1.0334 0.33 0.2366
16 0.86 1.165 1.2584 0.555 0.4616
CL vs Alpha for Rudder Deflection
1.5
1 //
0.5 // + drud=0
L*—]) 0 m drud=15
A drud=20
-0.5
— m drud=15
-1 e drud=-20
= 1 .5 I I I 1
-20 -10 0 10 20
alpha, deg
5, (deg) C,. (/deg) Intercept aCy/s
rud €g Lo cg (CL fOI' Oo alpha) L'Orud
0 0.0534 0 --
15 0.0534 0.305 0.020333
20 0.0534 0.3984 0.01992
-15 0.0534 -0.305 0.020333
-20 0.0534 -0.3984 0.01992

Croyr=0.0534 /deg = 3.06 /radian

Average 6C/0ya= 0.020127 /deg =1.1532/rad
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Wing Cy,

C; for Mach 0 to 0.2 with §,~ 90° (APLN)
Flap Deflection, Deg
o, deg 0 20 40 75
-16 -0.95 -0.57 -0.32 -0.048
-12 -0.67 -0.26 0 0.272
-8 -0.33 0.15 0.42 0.69
4 -0.04 0.56 0.84 1.11
0 0.38 0.92 1.18 1.44
4 0.72 1.28 1.46 1.66
8 1.04 1.54 1.7 1.88
11 1.28 - - -
12 137 - - -
CL vs alpha, wing
2.5 7
2 -
L5 -
1 x)‘/‘(
. ///k * M=0-2
0.5
© = M=4
0 405
® (0.6
-0.5 1 x Helo M to .4
A
-1
_1.5 T T T T T T 1
-20 -15 -10 -5 0 10 15 20
alpha (deg)
flap C Alpha for
deflection (sloLI;le) intercept zero Cp,
(deg) (deg)
0/0 0.083 | 03546 | -4.27229 Coawing = 0_'092371/ ‘/iegd(a"erage)
0/12.5 0.096 0382 | -3.97917 = 531 /ra
40/25 0.0998 0375 | -3.75752
7547 | 00919 | 03734 | -4.06311 alphaOL = -4.02 deg (average)
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Cp, Wing-Pylon

Cp at Mach=0-0.2
Flap Deflection, dyq
0° 20° 40° 75°
-- 0.033  0.076  0.282
-4 0.017  0.044  0.106 0.33
0 0.0204 0.072  0.141  0.372
4 0.0418  0.109  0.186  0.424
8 0.072  0.157  0.243  0.492
12 0.118  0.227  0.322 0.58
16 0.171 0.29 0.404  0.667

CD vs Flap Deflection for Varying Alpha

—a— alpha = -8 deg
—— alpha = -4 deg
—— alpha =0 deg
—e—alpha =4 deg
—a— alpha = 8 deg
—o—alpha = 12 deg
—=—alpha =16 deg

Flap Deflection, deg

Change in Cp
o (deg) | P degree Change in Cp per degree flap deflection is essentially
& flap deflection
(slope) linear. Therefore:
-8 0.0066
-4 0.0061 dCpfiap/Opap = 0.0053/d
5 ) eg (average
0 0.0056 et . )
4 0.0051 =0.30367/rad
8 0.0047
12 0.0043
16 0.0047
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Fuselage Lift and Drag

a,deg Lifty, Ib

-16 -7.25
-12 -3.63
-8 -0.01
-4 3.61
0 7.23
4 10.85
8 14.47
12 18.09
16 21.71
Fuselage Lift vs Alpha
25

20 - /
15

Lift, Ib

alpha, deg

L.=Afse™ apse™(a-aor) where Age = 181 ft? (see Appendix A)

From the data table, the zero lift alpha is -8° (aor fise)

The equation for the above line is y=0.905x+7.23

Therefore, afise = 0.905/181=0.005/deg = 0.286/rad
ﬂF, deg Yﬂ Lﬂ
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-20 29 150

-10 14.5 75
0 0 0
10 -14.5 =75
20 -29 -150

Yg and Lg are linear. Therefore,
Yg=-1.45 pr

Lp= -1.5 Br
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Rotor Drag Coefficient and Lift Curve Slope:

As previously state, the rotor drag coefficient and lift curve slope were calculated as

averages around the rotor disk. Per Reference 7:

#(-8 +30u)
1/2

(1-(0.750,,, J sin )
cd =min (011, 015 + a,*(068 + o *81) + max (0,01 +.02%(85 + max (M, 35))))

aMR = 4.95 +

where:

( 2 ) )1/2
Vip =% +(QR)® + 2V2Qcos B,

M _ Vtip
" 1116.45
7C
(ZR = r
oa
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Appendix B: XV-15 Control System Development

(All data extracted from Reference 7 unless otherwise noted)

The pilot controls can be tied to the control surfaces as follows (units are radians/inch of
control deflection with By in radians):

Oclev=(01ong=Olong, neutral)( Oelev/Olong)

Oair=~(Otar-Otat, neutrat)( Oait/ Otar)

5rud:(5ped'5ped, neutral)( 5rud/ 5ped)

5elev/510ng = 4. 1 7 deg/ln
Oaitl 010 = 3.93 deg/in

OrudlOpea = 8 deg/in

Per GTRS, the pilot controls can be tied to the rotor via the swashplate by:
90:500/ 5001[ 560” + HOLL + (5lat'5lat, neutral) 500/ 5lat + Hrotor governor + SCAS
Hls: '(5long'5long, neutral) 501s/5longi (5ped‘5ped, neutral) 501s/5ped + 150(1 - COS,BM) + SCAS

6,~0 (Lateral cyclic is not used in the basic XV-15 control system)

For this analysis, the above equations were simplified via the removal of the SCAS and

rotor governor which required using 6, as the trim variable rather than the J..:

00,1 = 90 - (5lal'5lat, neutral) 500/5144[

00,2 = 90 + (5lat'5lat, neutral) 590/5lat

915,1 = '(5long'5long, neutral) 501s/5long+ (5ped'5ped, neutral) 501s/5ped - l-sn(l'COSﬁM)/l 80
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015,2 = '(5long'5long, neutral) 591s/5long - (5ped'5ped, neutral) 5915‘/517&1 - 1~5n(1'COSﬂM)/1 80

011=612=0 (Lateral cyclic is not used in the basic XV-15 control system)

where:

Olong, neurar= 4.8 Inches

5lat, neutral = 4.8 inches

5ped, neutral — 2.5 inches

The total control travel for the pilot cockpit control inceptors are

Controller Total COI’ltI‘Ol' Travel
(100%), in.
Longitudinal Stick 9.6
Lateral Stick 9.6
Pedal 5
Collective 10

The following ties pilot control to the control surfaces:
0015/1ong = -0.012 ﬁM2 - 0.0053 S+ 0.0374 rad/in (B in rad)

50y/5lat = -0.0027 By - 0.0014 By, + 0.0109 rad/in

If V<60 kts

0014/0peq =-0.0095 Pt - 0.0035 By + 0.0283 rad/in
If >100 kts

001/0peq =-0.0023 Bt - 0.0009 By +0.0071 rad/in
Else

015/pea = -0.006 By - 0.0026 By + 0.0184 rad/in
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In order to remove the small residual in airplane mode due to the curve fitting,
If Bar = 90° (airplane mode)

0015/01ong=0

0014/85ea=0
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0 Hls/ 5long

015/ S1ong = -.0002 B17 — 0.0053 By, +2.1409 (deg/inch)

5015/S1ong = -0.012 Bo - 0.0053 By + 0.0374 (rad/inch)

Mast Angle, degrees

167

Mast angle 0015/0iong |
deg deg/in
0 2.1
10 2.09
20 1.98
30 1.81
40 1.6
50 1.35
60 1.04
70 0.71
80 0.362
90 0
Longitudinal Cyclic Pitch to Longitudinal Stick
2.5
y=-0.0002x - 0.0053x +2.1409
<
~ 2
g
&’
= 15~
QN
g
= 1
-
© 05
O T T T I T T T T I T T T T I T T T T I T I T 1
0 20 40 60 80

100



00,,/oped

0-60kts 80kts >100kts
Mast angle  1001/0,ed  1001/0ped  10615/0pea
deg deg/in deg/in deg/in
0 1.6 1.04 0.4
10 1.58 1.025 0.394
20 1.51 0.975 0.375
30 1.39 0.9 0.345
40 1.225 0.795 0.305
50 1.035 0.67 0.257
60 0.803 0.52) 0.2
70 0.55 0.325 0.137
80 0.28 0.18 0.069
90 0 0 0
Longitudinal Cyclic Pitch to Pedal
1.8 4 )
L6 4 y=-0.0002x" - 0.0035x + 1.6242
1.4 -
£ 1.2+ 5
g y=-0.0001x" - 0.0026x + 1.0568
3
!g 0.8 -
= 0.6
eS|
04 4
0.2 L
0 y=-4E-05x" - 0.0009x + 0.4055
0 20 40 60 80 100
Mast Angle (deg)

Converted to rad/inch:

If V<60 kts: 6615/5pea=-0.0095 B - 0.0035 By + 0.0283

If ' >100 kts: 6615/peq = -0.0023 B1 - 0.0009 By + 0.0071

FElse:

6615/ pea = -0.006 Br - 0.0026 By + 0.0184
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000/ 0jar

Mast angle,
v 000/ Star
deg deg/in
0 0.625
10 0.606
20 0.575
30 0.541
40 0.5
50 0.438
60 0.365
70 0.293
80 0.209
90 0.121
DCP: dthetaO/dlat
0.7 ,
0.6 T y=-5E-05x" - 0.0014x + 0.6253
g 05 \
E, N
) 0.4 \
IS
3 0.3 \
S
g 02
5}
g 01 ~
0\\\\\\\\\\\\\\\\\\\\\\\\\
0 20 40 60 80 100
Mast Angle (deg)

500/91a=-5E-05 Bui” - 0.0014 By, + 0.6253 (deg/in, By in degrees)

800/01a= -0.0027 S - 0.0014 Sy, + 0.0109 (rad/in, By in radians)
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Appendix C: Trim Results

The GTRS data shown here for comparison was gathered from Reference 6.
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Helicopter Mode Input Parameters

Parameter Units Value
GW Ibs 13000
P deg 0.00

Turn Rate deg/s 0.00

Flight Path Angle deg 0.00
Xeg ft 25.10
Veg ft 0.00
Zeg ft 6.80
Q rad/s 61.68
Q RPM 589
Oftap deg 40
L. slug ft*2 | 52800
I, slug ft*2 | 21360
L. slug ft"2 | 66340
1. slug ft"2 1234
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Helicopter Mode

x GTRS

48 1
41 % X
£46 =
ol B
045 u 3
4544 | | ] X X 2
543 [] X [ ] s

42 A u

41 T T T T T 1

0 20 40 60 80 100 120
Velocity (kts)

14

12 . .
T8 u 2
56 " g
—_— | X >
g4 [ ] s

2x XX N

0 \* T T T T T 1

0 20 40 60 80 100 120
Velocity (kts)

0.08 1 o0
£ n 5 X =
3, 0.06 ] 4

X g
.8 u ] =1
£ 004 @ <
% 0.02 5
20 2
0.00 \ \ é
0 20 40 60 80 100 120
Velocity (kts)
10 ~
8 1 | o0
= - n X S
6 ¥ u X s
o0 [ X X =
S £
s, (@)
O T T T T T 1
0 20 40 60 80 100 120
Velocity (kts)
2]
'oﬁ O i | ] [ | ] ] ™ %D
S 2 =
A 4 X X X =
M X M
-6 X
'8 T T T T T 1
0 20 40 60 80 100 120
Velocity (kts)

172

m Math Model
0
>i< X X X
2 [ X
[
4 - %
|
-6 -
_8 T T T T T T 1
0 20 40 60 80 100 120
Velocity (kts)
0.25 ~
0.20 - "
]
0.15 -
010 7 ]
0.05 n
0.00 - T T T T T 1
0 20 40 60 80 100 120
Velocity (kts)
> ]
]
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5 X -
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X
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3 X X X
X X X -
) u ] - ]
1
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1.5
1.0 x X | | []
u [ ]
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% n
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X
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Helicopter Mode

’ y————
o -500 -
5 -1000 -
o
= -1500 -
<
-2000 -
-2500 -
-3000 ‘ ‘ ‘ ‘
0 20 40 60 80 100 120
Velocity, kts
100.00 -
0.00 #— — = 5§
5 -100.00 4
-200.00 -
S -200.00
-300.00 -
-400.00 ‘ ‘ ‘ ‘ ‘ ‘
0 20 40 60 80 100 120
Velocity, kts
4000
2000 %\
0 e 4(44
= -2000 -
8 -4000
S -6000
N -8000 -
-10000
12000 - R R R R Y
‘14000 I I I I I 1
0 20 40 60 80 100 120
Velocity, kts
—o—GTRS fuse @ ——GTRS VT1 —e— MM fuse —— MM VT1
—a—GTRS wing —&—GTRS MR2 —a— MM wing —a— MM MR2
—x—GTRS HT —o— GTRS TOTAL —— MM HT —e— MM TOTAL
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Rolling Moment, L, ft-I

Pitching Moment, M, ft-|

Yawing Moment, N, ft-|

140000
120000

100000
80000
60000
40000
20000

0

-20000

Helicopter Mode

H ﬂ:ﬂ;ﬁé

* * * * * *

0 20 40 60 80 100 120
Velocity, kts

20 40 60 80 100 120
Velocity, kts

-10000 33
-12000 ‘ ‘ ‘ ‘ ‘ |
0 20 40 60 80 100 120
Velocity, kts
—o—GIRS fuse ——GTRS VT1 —e— MM fuse —+— MM VT1
—2—GTRSwing —=—GIRSMR2 —— MM wing —=— MM MR2
—x—GTRS HT —o— GTRS TOTAL —— MM HT —e— MM TOTAL
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Table C-1: Helicopter Mode

Input Parameter Units GTRS 1\1){/103(;1611 GTRS 1\1){/103(;1611 GTRS 1\1>I/[:(§21
14 ft/s - 0.02 - 33.76 - 67.51
14 kts 0.01 0.01 20.00 20.00 40.00 40.00
0 deg 0.00 0.00 0.00 0.00 0.00 0.00
9 deg 1.11 0.73 0.41 0.22 -2.52 -1.18
ap deg 1.11 0.73 0.41 0.22 -2.52 -1.18
Br deg 0.00 0.00 0.00 0.00 0.00 0.00
¥ - 0.0682 | 0.0684 | 0.0670 | 0.0612 | 0.0498 | 0.0469
P deg/s 0.00 0.00 0.00 0.00 0.00 0.00
q deg/s 0.00 0.00 0.00 0.00 0.00 0.00
r deg/s 0.00 0.00 0.00 0.00 0.00 0.00

pdot deg/s/s 0.00 0.00 0.00 0.00 0.00 0.00
qdot deg/s/s -0.04 0.00 -0.01 0.00 0.00 0.00
rdot deg/s/s 0.00 0.00 0.00 0.00 0.00 0.00
Bot deg 3.09 2.34 3.02 2.30 2.71 2.16
Pt deg 0.21 -0.03 -3.96 -0.20 -5.74 -0.33
Bie. deg 0.96 0.40 1.02 0.75 0.15 0.93
60,1 deg 47.09 43.92 46.38 43.72 43.67 42.66
O15.1 deg -0.99 -0.41 -1.23 -1.97 -0.57 -3.23
O deg 0.00 0.00 0.00 0.00 0.00 0.00
Ord deg 0.00 0.00 0.00 0.00 0.00 0.00
Oeler deg 223 0.79 2.77 3.84 1.27 6.29
it deg 0.00 0.00 0.00 0.00 0.00 0.00
M - 0.0000 | 0.0000 | 0.0438 | 0.0438 | 0.0875 | 0.0876
U ft/s 0.01 0.02 33.76 33.76 67.45 67.50
14 ft/s 0.00 0.00 0.00 0.00 0.00 0.00
w ft/s 0.00 0.00 0.24 0.13 -2.97 -1.39
Thrust, Ib 7333.92 | 6499.47 | 7112.04 | 6413.13 | 6097.19 | 6218.68
Cn - 0.0106 | 0.0094 | 0.0103 | 0.0092 | 0.0088 | 0.0090
long In 527 4.99 5.38 5.72 5.07 6.31
Ot In 4.80 4.80 4.80 4.80 4.80 4.80
Sped In 2.50 2.50 2.50 2.50 2.50 2.50
5 - 0.0682 | 0.0684 | 0.0670 | 0.0612 | 0.0498 | 0.0469
Boz deg 3.09 2.34 3.02 2.30 271 2.16
Bisa deg 0.21 -0.03 -3.96 -0.20 -5.74 -0.33
Bica deg 0.96 0.40 1.02 0.75 0.15 0.93
6o deg 47.09 3.92 46.38 3.72 43.67 2.66
6, deg 47.09 3.92 46.38 3.72 43.67 2.66
Thrust, Ib 7333.92 | 6499.47 | 7112.04 | 6413.13 | 6097.19 | 6218.68
Cn - 0.0106 | 0.0094 | 0.0103 | 0.0092 | 0.0088 | 0.0090
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Table C-1: Helico

pter Mode (cont.)

Input Parameter Units GTRS 131/[;521 GTRS 131/[5521 GTRS 1\1>[/loa(§21
14 ft/s -- 101.27 -- 135.02 -- 168.78
4 kts 60.00 60.00 80.00 80.00 100.00 100.00
® deg 0.00 0.00 0.00 0.00 0.00 0.00
0 deg -5.69 -3.37 -9.35 -6.10 -12.61 -9.16
oF deg -5.70 -3.37 -9.35 -6.10 -12.61 -9.16

Pr deg 0.00 0.00 0.00 0.00 0.00 0.00
Y - 0.0441 0.0398 0.0525 0.0441 0.0694 0.0581
p deg/s 0.00 0.00 0.00 0.00 0.00 0.00
q deg/s 0.00 0.00 0.00 0.00 0.00 0.00
r deg/s 0.00 0.00 0.00 0.00 0.00 0.00
pdot deg/s/s 0.00 0.00 0.00 0.00 0.00 0.00
qdot deg/s/s -0.04 0.00 -4.89 0.00 0.03 0.00
rdot deg/s/s 0.00 0.00 0.00 0.00 0.00 0.00
Lo deg 2.65 2.05 2.73 2.11 2.96 2.43
s deg -4.96 -0.44 -4.10 -0.55 -3.78 -0.72
Lrea deg -0.18 0.90 -0.33 0.71 0.24 0.33
6.1 deg 42.96 42.14 43.99 42.81 46.68 44.86
0151 deg -1.04 -4.18 -2.09 -5.15 -4.49 -6.40
011 deg 0.00 0.00 0.00 0.00 0.00 0.00
Orud deg 0.00 0.00 0.00 0.00 0.00 0.00
Ocley deg 2.34 8.14 4.71 10.03 10.13 12.45
Ouil deg 0.00 0.00 0.00 0.00 0.00 0.00
M - 0.1307 0.1313 0.1728 0.1751 0.2136 0.2189
U ft/s 100.80 101.09 133.20 134.26 164.70 166.63
14 ft/s 0.00 0.00 0.00 0.00 0.00 0.00
w ft/s -10.04 -5.96 -21.93 -14.34 -36.86 -26.86
Thrust, Ib 5935.89 | 6120.84 | 6180.81 | 6392.96 | 6900.68 | 7315.05
Cn -- 0.0086 0.0088 0.0089 0.0092 0.0100 0.0105
Olong In 5.29 6.75 5.80 7.21 6.94 7.79
Ot In 4.80 4.80 4.80 4.80 4.80 4.80
Oped In 2.50 2.50 2.50 2.50 2.50 2.50
A2 - 0.0441 0.0398 0.0525 0.0441 0.0694 0.0581
Boz deg 2.65 2.05 2.73 2.11037 2.96 2.42693
Bisa deg -4.96 -0.44 -4.10 -0.54798 -3.78 -0.71929
Biea deg -0.18 0.90 -0.33 0.71084 0.24 0.32646
0o deg 42.96 2.14 43.99 2.81147 46.68 4.85605
6o deg 42.96 2.14 43.99 2.81147 46.68 4.85605
Thrust, Ib 5935.89 | 6120.84 | 6180.81 | 6392.96 | 6900.68 | 7315.05
Cn -- 0.0086 0.0088 0.0089 0.0092 0.0100 0.0105
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Table C-1: Helicopter Mode (cont.)

0.01 kts
Math Model
X force | Y force | Zforce | Roll (L) [Pitch (M)|Yaw ()
Fuselage 0.00 0.00 0.00 0.00 0.00 0.00
Wing 0.00 0.00 0.00 0.00 0.00 0.00
Horizontal Tail 0.00 0.00 0.00 0.00 0.00 0.00
Vertical Tail #1 0.00 0.00 0.00 0.00 0.00 0.00
Vertical Tail #2 0.00 0.00 0.00 0.00 0.00 0.00
Airframe 0.00 0.00 0.00 0.00 0.00 0.00
Left Rotor (MR2) 83.36 | -5.23 | -6499.47 |104620.16| 0.00 |[1341.62
Right Rotor (MR1) 83.36 | 5.23 | -6499.47 |-104620.16| 0.00 |-1341.62
Total Rotor 166.73 | 0.00 |-12998.93| 0.00 0.00 0.00
Total Aircraft (Body Axis) 166.73 | 0.00 |-12998.93| 0.00 0.00 0.00
GTRS
X force | Y force | Zforce | Roll (L) [Pitch (M)|Yaw (&)
Fuselage 0.00 0.00 0.00 0.00 0.00 0.00
Wing 0.00 0.00 | 1744.96 0.00 800.00 | 0.00
Horizontal Tail 0.00 0.00 0.00 0.00 0.00 0.00
Vertical Tail #1 0.00 0.00 0.00 0.00 0.00 0.00
Vertical Tail #2 0.00 0.00 0.00 0.00 0.00 0.00
Airframe -0.02 | 0.00 | 1660.25 0.00 808.49 | 0.00
Left Rotor (MR2) 125.07 | -98.84 | -7333.31 [117976.95| -412.06 |-6817.25
Right Rotor (MR1) 125.07 | 98.84 | -7333.31 |-117975.95| -412.06 |6817.25
Total Rotor 250.15| 0.00 |-14660.04| 0.00 -824.76 | 0.00
Total Aircraft (Body Axis) 250.13 | 0.00 |-12999.79| 0.00 -16.28 | 0.00
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Table C-1: Helicopter Mode (cont.)

20 kts
Math Model
X force Y force | Z force | Roll (L) [Pitch (M) Yaw (N)
Fuselage -2.13 0.00 -10.08 0.00 -77.62 | 0.00
Wing -61.66 0.00 | -154.95 0.00 197.69 | 0.00
Horizontal Tail -0.79 0.00 -8.62 0.00 -184.79 | 0.00
Vertical Tail #1 -0.24 0.00 0.00 0.00 0.68 1.56
Vertical Tail #2 -0.24 0.00 0.00 0.00 0.68 -1.56
Airframe -65.06 0.00 | -173.65 0.00 -63.37 | 0.00
Left Rotor (MR2) 57.59 -4.06 |-6413.13|103293.33| 31.68 | 926.73
Right Rotor (MR1) 57.59 4.06 |-6413.13}-103293.33] 31.68 |-926.73
Total Rotor 115.17 0.00 |-12826.25 0.00 63.37 | 0.00
Total Aircraft (Body Axis) 50.11 0.00 -12999.90 0.00 0.00 0.00
GTRS
X force Y force | Z force | Roll (L) [Pitch (M)Yaw (N)
Fuselage -3.43 0.00 -10.32 0.00 -71.75 | 0.00
Wing -39.83 0.00 | 1270.60 0.00 -5.81 0.00
Horizontal Tail -1.53 0.00 -11.22 0.00 -239.17| 0.00
Vertical Tail #1 -0.60 0.00 0.00 0.00 1.71 -3.86
Vertical Tail #2 -0.60 0.00 0.00 0.00 1.71 3.86
Airframe -117.01 0.00 | 1201.03 0.00 630.20 | 0.00
Left Rotor (MR2) 109.84 | -320.09 |-7107.54|112017.00| -344.56 -6532.60
Right Rotor (MR1) 109.84 320.09 |-7107.54|-112017.00| -344.56 |6532.60
Total Rotor 210.27 0.00 |-14200.67| 0.00 -632.29 | 0.00
Total Aircraft (Body Axis) 93.27 0.00 -12999.64] 0.00 -2.09 0.00
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Table C-1: Helicopter Mode (cont.)

40 kts
Math Model
X force|Y force| Z force | Roll (L) [Pitch (M)[Yaw (N)
Fuselage -9.36 | 0.00 | -33.25 0.00 -459.23 | 0.00
Wing -250.14) 0.00 | -486.57 0.00 688.38 | 0.00
Horizontal Tail -4.15 | 0.00 | -40.07 0.00 -858.14 | 0.00
Vertical Tail #1 -0.97 | 0.00 0.00 0.00 2.72 6.22
Vertical Tail #2 -0.97 | 0.00 0.00 0.00 2.72 -6.22
Airframe -265.60, 0.00 | -559.89 0.00 -623.55| 0.00
Left Rotor (MR2) -0.80 | -0.91 |-6218.68|100227.86| 311.78 | -12.97
Right Rotor (MR1) -0.80 | 0.91 |-6218.68|-100227.86| 311.78 | 12.97
Total Rotor -1.60 | 0.00 [-12437.36] 0.00 623.55 | 0.00
Total Aircraft (Body Axis) -267.20, 0.00 |-12997.25  0.00 0.00 0.00
GTRS
X force|Y force| Z force | Roll (L) [Pitch (M)[Yaw (N)
Fuselage -15.85| 0.00 | -26.14 0.00 -598.52 | 0.00
Wing -350.07] 0.00 | -719.31 0.00 45196 | 0.00
Horizontal Tail -3.86 | 0.00 | -75.39 0.00 |-1619.00| 0.00
Vertical Tail #1 1.11 | 0.00 0.00 0.00 -3.16 7.15
Vertical Tail #2 1.11 | 0.00 0.00 0.00 -3.16 | -7.15
Airframe -465.06) 0.00 0.00 0.00 |-1621.14] 0.00
Left Rotor (MR2) -24.56 |-367.07/-6091.71 | 94905.00 | 627.22 |-6157.03
Right Rotor (MR1) -24.56 1367.07|-6091.71 | -94905.00 | 627.22 |6157.03
Total Rotor -106.44| 0.00 |-12150.74)  0.00 1606.38 | 0.00
Total Aircraft (Body Axis) -571.50, 0.00 |-12987.87| 0.00 -14.76 | 0.00

179



Table C-1: Helicopter Mode (cont.)

60 kts
Math Model
X force |Y force| Z force | Roll (L) [Pitch (M) Yaw (V)
Fuselage -22.49 | 0.00 | -49.77 0.00 |-1558.81| 0.00
Wing -555.67| 0.00 | -624.88 | 0.00 |1164.39| 0.00
Horizontal Tail -9.57 | 0.00 | -61.14 0.00 |-1303.43| 0.00
Vertical Tail #1 -2.19 | 0.00 0.00 0.00 6.12 14.00
Vertical Tail #2 -2.19 | 0.00 0.00 0.00 6.12 | -14.00
Airframe -592.11| 0.00 | -735.78 | 0.00 |-1685.62| 0.00
Left Rotor (MR2) -86.51 | 4.54 |-6120.84198720.99| 842.81 |-1392.33
Right Rotor (MR1) -86.51 | -4.54 |-6120.84 |-98720.99| 842.81 [1392.33
Total Rotor -173.02| 0.00 |-12241.68] 0.00 |1685.62| 0.00
Total Aircraft (Body Axis) -765.13| 0.00 |-12977.46| 0.00 0.00 0.00
GTRS
X force |Y force| Z force | Roll (L) [Pitch (M) Yaw (V)
Fuselage -42.62 | 0.00 | -21.25 0.00 |-2107.49| 0.00
Wing -743.88| 0.00 [-1035.99| 0.00 | 478.28 | 0.00
Horizontal Tail -9.95 | 0.00 | -78.06 0.00 |-1665.80| 0.00
Vertical Tail #1 -0.80 | 0.00 0.00 0.00 2.26 -5.12
Vertical Tail #2 -0.80 | 0.00 0.00 0.00 2.26 5.12
Airframe -978.84| 0.00 |[-1122.49| 0.00 |-3015.29| 0.00
Left Rotor (MR2) -82.60 |-303.83|-5931.49 [92882.39| 1055.40 |-6473.12
Right Rotor (MR1) -82.59 |303.83]-5931.49 |-92882.39| 1055.40 |6473.12
Total Rotor -309.80| 0.00 |-11814.09] 0.00 |3001.92| 0.00
Total Aircraft (Body Axis) -1288.64| 0.00 |-12936.58] 0.00 -13.37 | 0.00
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Table C-1: Helicopter Mode (cont.)

80 kts
Math Model
X force |Y force| Z force | Roll (L) [Pitch (M)|Yaw ()
Fuselage -38.48 | 0.00 | -33.42 0.00 |-3929.17| 0.00
Wing -913.38| 0.00 | -79.91 0.00 1156.18| 0.00
Horizontal Tail -12.27 | 0.00 | -27.23 0.00 -566.15| 0.00
Vertical Tail #1 -3.89 | 0.00 0.00 0.00 10.87 | 24.89
Vertical Tail #2 -3.89 | 0.00 0.00 0.00 10.87 | -24.89
Airframe -971.90| 0.00 | -140.55 0.00 |-3317.40{ 0.00
Left Rotor (MR2) -204.35| 12.01 |-6392.96 |103185.69| 1658.70 |-3288.84]
Right Rotor (MR1) -204.35|-12.01{-6392.96 |-103185.69| 1658.70 |3288.84
Total Rotor -408.70| 0.00 [-12785.93] 0.00 3317.40| 0.00
Total Aircraft (Body Axis) -1380.61| 0.00 [-12926.48] 0.00 0.00 0.00
GTRS
X force |Y force| Z force | Roll (L) [Pitch (M)|Yaw ()
Fuselage -104.00| 0.00 | 44.09 0.00 |-5308.99| 0.00
Wing -1154.73| 0.00 | -676.32 0.00 -322.31| 0.00
Horizontal Tail -10.67 | 0.00 | 31.09 0.00 689.59 | 0.00
Vertical Tail #1 -2.33 | 0.00 0.00 0.00 6.61 | -14.96
Vertical Tail #2 -2.33 | 0.00 0.00 0.00 6.61 14.96
Airframe -1579.57| 0.00 | -550.50 0.00 |-4466.39| 0.00
Left Rotor (MR2) -137.55|-243.07|-6177.51 | 97429.77 | 1442.41 |-8137.28
Right Rotor (MR1) -137.55(243.07|-6177.51|-97429.77| 1442.41 |8137.28
Total Rotor -531.59| 0.00 0.00 0.00 |4466.21| 0.00
Total Aircraft (Body Axis) -2111.16| 0.00 |-12827.45 0.00 -0.18 0.00
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Table C-1: Helicopter Mode (cont.)

100 kts
Math Model
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw ()
Fuselage -47.91 | 0.00 | 43.60 0.00 |-8173.22| 0.00
Wing -1175.54| 0.00 | 1672.72 0.00 67.58 0.00
Horizontal Tail -4.79 | 0.00 | 79.44 0.00 1724.60 | 0.00
Vertical Tail #1 -6.08 | 0.00 0.00 0.00 16.99 38.89
Vertical Tail #2 -6.08 | 0.00 0.00 0.00 16.99 -38.89
Airframe -1240.39] 0.00 | 1795.76 0.00 |-6347.05| 0.00
Left Rotor (MR2) -414.15| 24.48 |-7315.05|118165.99| 3173.52 |-6665.37
Right Rotor (MR1) -414.15|-24.48 |-7315.05|-118165.99| 3173.52 | 6665.37
Total Rotor -828.30| 0.00 [-14630.11] 0.00 6347.05 | 0.00
Total Aircraft (Body Axis) -2068.69| 0.00 |-12834.35 0.00 0.00 0.00
GTRS
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw ()
Fuselage -229.31| 0.00 | 196.52 0.00 |-10466.28] 0.00
Wing -1523.96/ 0.00 | 368.16 0.01 -2026.30| 0.00
Horizontal Tail 26.08 | 0.00 | 320.06 0.00 6856.20 | 0.00
Vertical Tail #1 -4.26 | 0.00 0.00 0.00 12.07 -27.31
Vertical Tail #2 -4.26 | 0.00 0.00 0.00 12.07 27.31
Airframe -2202.24] 0.00 | 984.15 0.01 -4908.76 | 0.00
Left Rotor (MR2) -123.95}-212.19/-6898.03 | 109339.56| 1262.50 |-10137.00
Right Rotor (MR1) -123.95|212.19(-6898.03 |-109339.56| 1262.50 [10137.00
Total Rotor -636.43| 0.00 [-13669.72| 0.00 4919.84 | 0.00
Total Aircraft (Body Axis) -2838.67| 0.00 |-12685.57] 0.01 11.08 0.00
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Airplane Mode (517 RPM) Input Parameters

Parameter Units Values
GW Ibs 13000
Bu deg 90
Turn Rate deg/s 0
Flight Path Angle deg 0
Xeg ft 24.85
Veg ft 0.00
Zeg ft 6.13
Q rad/s 54.14
Q RPM 517
Oftap deg 0
L. slug ft*"2 | 50950
1, slug ft"2 | 20348
1. slug ft"2 67168
I, slug ft"2 1076
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Table C-2: Airplane Mode, 517 RPM

Input Parameter Units GTRS 1\1>[/[o a(;l;l GTRS I\IXI:C:};] GTRS 1\1;{/1021(;1611
|4 ft/s - 236.29 - 270.04 - 303.80
|4 kts 140.00 140 160.00 160 180.00 180
/) deg 0.00 0.00 0.00 0.00 0.00 0.00
0 deg 6.94 7.37 433 4.88 2.67 3.16
ar deg 6.94 7.37 433 4.88 2.67 3.16

Br deg 0.00 0.00 0.00 0.00 0.00 0.00
A -- 0.3484 | 03477 | 0.3995 | 0.3988 0.4500 | 0.4493
p deg/s 0.00 0.00 0.00 0.00 0.00 0.00
q deg/s 0.00 0.00 0.00 0.00 0.00 0.00
r deg/s 0.00 0.00 0.00 0.00 0.00 0.00
pdot deg/s/s 0.00 0.00 0.00 0.00 0.00 0.00
qdot deg/s/s 0.00 0.00 0.00 0.00 0.00 0.00
rdot deg/s/s 0.00 0.00 0.00 0.00 0.00 0.00
Bo deg 1.19 0.78 1.19 0.95 1.21 1.15
Bisi deg -0.09 -0.15 0.07 -0.15 0.22 -0.16
Biea deg 0.22 1.24 0.58 1.34 0.95 1.41
60,1 deg 60.50 61.50 63.68 65.84 66.67 70.19
0151 deg -1.50 -1.50 -1.50 -1.50 -1.50 -1.50
O deg 0.00 0.00 0.00 0.00 0.00 0.00
Orud deg 0.00 0.00 0.00 0.00 0.00 0.00
Oelev deg -1.24 -8.84 0.73 -6.36 1.89 -4.70
it deg 0.00 0.00 0.00 0.00 0.00 0.00
M -- 0.0422 | 0.0449 | 0.0301 | 0.0340 | 0.0209 | 0.0248
U ft/s 234.60 | 23434 | 26930 | 269.06 | 303.50 | 303.34
4 ft/s 0.00 0.00 0.00 0.00 0.00 0.01
w ft/s 28.57 30.30 20.40 22.99 14.12 16.74
Thrust, 1b 680.41 | 545.10 | 680.80 | 524.03 741.09 | 537.93
Cri - 0.0013 | 0.0010 | 0.0013 | 0.0010 | 0.0014 | 0.0010
Olong In 4.54 2.68 4.95 3.28 5.20 3.67
Olar In 4.80 4.80 4.80 4.80 4.80 4.80
Oped In 2.50 2.50 2.50 2.50 2.50 2.50
2 -- 0.3484 | 03477 | 0.3995 | 0.3988 0.4500 | 0.4493
Box deg 1.19 0.78 1.19 0.95 121 1.15
Bisa deg -0.09 -0.15 0.07 -0.15 0.22 -0.16
Biea deg 0.22 1.24 0.58 1.34 0.95 1.41
6o deg 60.50 21.50 63.68 25.84 66.67 30.19
6y deg 60.50 21.50 63.68 25.84 66.67 30.19
Thrust, 1b 680.41 | 545.10 | 680.80 | 524.03 741.09 | 537.93
Cn - 0.0013 | 0.0010 | 0.0013 | 0.0010 | 0.0014 | 0.0010
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Table C-2: Airplane Mode, 517 RPM (cont.)

Input Parameter Units GTRS 1\1>[/[o a(;l;l GTRS I\IXI:C:};] GTRS 1\1;{/1021(;1611
|4 ft/s -- 337.56 - 371.31 - 405.07
|4 kts 200.00 200 220.00 220 240.00 240
/) deg 0.00 0.00 0.00 0.00 0.00 0.00
0 deg 1.51 1.91 0.69 0.98 0.12 0.27
ar deg 1.51 1.91 0.69 0.98 0.12 0.27

Br deg 0.00 0.00 0.00 0.01 0.00 0.01
A -- 0.5002 | 0.4996 | 0.5502 | 0.5497 | 0.6002 | 0.5996
p deg/s 0.00 0.00 0.00 0.00 0.00 0.00
q deg/s 0.00 0.00 0.00 0.00 0.00 0.00
r deg/s 0.00 0.00 0.00 0.00 0.00 0.00
pdot deg/s/s 0.00 0.00 0.00 0.00 0.00 0.00
qdot deg/s/s 0.00 0.00 0.00 0.00 0.01 0.00
rdot deg/s/s 0.00 0.00 0.00 0.00 0.00 0.00
Bo deg 1.24 1.37 1.28 1.60 1.33 1.84
Bisi deg 0.39 -0.16 0.58 -0.16 0.79 -0.16
Biei deg 1.34 1.45 1.74 1.47 2.13 1.48
6o.1 deg 69.46 74.55 72.05 78.93 74.49 83.32
0151 deg -1.50 -1.50 -1.50 -1.50 -1.50 -1.50
O deg 0.00 0.00 0.00 0.00 0.00 0.00
Orud deg 0.00 0.00 0.00 -0.02 0.00 -0.02
Oetev deg 2.66 -3.52 3.20 -2.66 3.57 -2.01
it deg 0.00 0.00 0.00 0.00 0.00 0.00
M -- 0.0131 | 0.0167 | 0.0066 | 0.0094 | 0.0013 | 0.0028
U ft/s 337.40 | 337.37 | 37130 | 371.26 | 405.10 | 405.06
4 ft/s 0.00 0.00 0.00 -0.05 0.00 -0.05
w ft/s 8.90 11.27 4.45 6.37 0.87 1.90
Thrust, 1b 821.18 | 57641 916.24 | 633.57 | 1047.19 | 705.85
Cri - 0.0015 | 0.0011 0.0017 | 0.0012 | 0.0020 | 0.0013
Olong In 5.36 3.95 5.48 4.16 5.55 432
Olar In 4.80 4.80 4.80 4.80 4.80 4.80
Oped In 2.50 2.50 2.50 2.50 2.50 2.50
2 -- 0.5002 | 04996 | 0.5502 | 0.5497 | 0.6002 | 0.5996
Boa deg 1.24 1.37 1.28 1.60 133 1.84
Bisa deg 0.39 -0.16 0.58 -0.16 0.79 -0.16
Bica deg 1.34 1.45 1.74 1.47 2.13 1.48
o2 deg 69.46 34.55 72.05 38.93 74.49 43.32
6o deg 69.46 34.55 72.05 38.93 74.49 43.32
Thrust, 1b 821.18 | 57641 916.24 | 633.58 | 1047.19 | 705.86
Cn - 0.0015 | 0.0011 0.0017 | 0.0012 | 0.0020 | 0.0013
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Table C-2: Airplane Mode, 517 RPM (cont.)

Paigrpil;ter Units GTRS 1\1}’[03521 GTRS 1\1>[/[oa(§};1
|4 ft/s - 438.82 - 472.58
14 kts 260.00 260 280.00 280
) deg 0.00 0.00 0.00 0.00
0 deg -0.27 -0.30 -0.57 -0.75
ap deg -0.27 -0.30 -0.57 -0.75
Br deg 0.00 0.01 0.00 0.01
A -- 0.6502 0.6496 0.7002 0.6994
p deg/s 0.00 0.00 0.00 0.00
q deg/s 0.00 0.00 0.00 0.00
r deg/s 0.00 0.00 0.00 0.00

pdot deg/s/s 0.00 0.00 0.00 0.00
qdot deg/s/s 0.01 0.00 0.01 0.00
rdot deg/s/s 0.00 0.00 0.00 0.00
Bo.i deg 1.39 2.07 1.46 2.29
Pisi deg 1.01 -0.16 1.26 -0.16
Biea deg 2.50 1.48 2.87 1.49
o1 deg 76.78 87.73 78.91 92.17
0151 deg -1.50 -1.50 -1.50 -1.50
1. deg 0.00 0.00 0.00 0.00
Orud deg 0.00 -0.02 0.00 -0.02
Oelev deg 3.81 -1.48 4.02 -1.04
il deg 0.00 0.00 0.00 0.00
M - 0.0030 0.0034 0.0070 0.0092
U ft/s 438.80 438.82 472.60 472.54
14 ft/s 0.00 -0.05 0.00 -0.06
w ft/s -2.03 228 -4.73 -6.21
Thrust, Ib 1220.93 790.52 1411.35 886.22
Cn -- 0.0023 0.0015 0.0026 0.0017
Olong In 5.60 4.45 5.65 4.55
Otat In 4.80 4.80 4.80 4.80
Oped In 2.50 2.50 2.50 2.50
o -- 0.6502 0.6496 0.7002 0.6994
Bo deg 1.39 2.07 1.46 2.29
Pis2 deg 1.01 -0.16 1.26 -0.16
Bica deg 2.50 1.48 2.87 1.49
6o deg 76.78 47.73 78.91 52.17
o deg 76.78 47.73 78.91 52.17
Thrust, Ib 1220.93 790.52 1411.35 886.23
Cn -- 0.0023 0.0015 0.0026 0.0017
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Table C-2: Airplane Mode, 517 RPM (cont.)

140 kts
Math Model
X force|Y force| Z force |Roll (L) |Pitch (M)| Yaw (V)
Fuselage 12.86 | 0.00 | -928.48 | 0.00 |5277.64| 0.00
Wing 600.41| 0.00 |-12719.07) 0.00 |[5906.02| 0.00
Horizontal Tail -12.69 | 0.00 | -177.73 | 0.00 |-3851.55| 0.00
Vertical Tail #1 -11.91] 0.00 0.00 0.00 | 41.30 76.23
Vertical Tail #2 -11.91| 0.00 0.00 0.00 | 41.30 | -76.23
Airframe 576.75| 0.00 [-13825.28] 0.00 |[7414.71| 0.00
Left Rotor (MR2) 545.10|-24.24| 466.30 |-7559.91|-3707.36| 8715.67
Right Rotor (MR1) 545.10|24.24 | 466.30 |7559.91|-3707.36|-8715.67
Total Rotor 1090.19| 0.00 | 932.59 | 0.00 |[-7414.71| 0.00
Total Aircraft (Body Axis) 1666.95| 0.00 |-12892.68| 0.00 0.00 0.00
GTRS
X force|Y force| Z force |Roll (L)|Pitch (M)| Yaw ()
Fuselage -100.26| 0 | -915.57 0 4827.38 0
Wing 573.88| 0.00 |-11291.42] 0.00 [4005.61| 0.00
Horizontal Tail -23.58| 0 | -359.39 0 146.32 0
Vertical Tail #1 -9.94 0 0.00 0 34.87 | -63.762
Vertical Tail #2 -9.94 0 0.00 0 34.87 | 63.764
Airframe 343.68| 0.00 [-12574.47) 0.00 |[1309.84| 0.00
Left Rotor (MR2) 681.18|47.30 | -156.94 |6875.87| -839.41 |11205.65
Right Rotor (MR1) 681.18 [-47.30| -156.94 |-6875.87| -839.41 |-11205.65
Total Rotor 1227.93| 0.00 | -330.17 | 0.00 |[-1309.29| 0.00
Total Aircraft (Body Axis) 1571.600 0 |-12904.64 0 0.56 0.002
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Table C-2:

Airplane Mode, 517 RPM (cont.)

160 kts
Math Model
X force|Y force| Z force |Roll (L) |Pitch (M)| Yaw (N)
Fuselage -52.34| 0.00 |-1018.32| 0.00 |2716.52| 0.00
Wing 176.24| 0.00 |-12993.73| 0.00 |6849.91| 0.00
Horizontal Tail -34.03| 0.00 | -67.98 0.00 |-1401.14| 0.00
Vertical Tail #1 -15.56 | 0.00 0.00 0.00 53.95 99.57
Vertical Tail #2 -15.56 | 0.00 0.00 0.00 5395 | -99.57
Airframe 58.75 | 0.00 |-14080.02| 0.00 |8273.18| 0.00
Left Rotor (MR2) 524.03 |-30.10| 563.61 |-9139.42(-4136.59| 8352.51
Right Rotor (MR1) 524.03|30.10 | 563.61 [9139.42|-4136.59|-8352.51
Total Rotor 1048.07| 0.00 | 1127.23 | 0.00 |-8273.18| 0.00
Total Aircraft (Body Axis) 1106.82| 0.00 [-12952.80| 0.00 0.00 0.00
GTRS
X force|Y force| Z force |Roll (L) |Pitch (M)| Yaw (N)
Fuselage -172.57) 0 -982.21 0 1946.89 0
Wing 15558 0 |-11523.17}, O 4437.72 0
Horizontal Tail -41.65| 0.00 | -228.12 | 0.00 |-4874.12| 0.00
Vertical Tail #1 -13.94| 0.00 0.00 0.00 48.92 | -89.46
Vertical Tail #2 -13.94| 0.00 0.00 0.00 48.92 89.46
Airframe -206.49| 0 |-12740.08) O 1871.40 0
Left Rotor (MR2) 681.50 |44.491| -104.76 [6618.969|-1157.33|11235.614
Right Rotor (MR1) 681.50 |-44.49| -104.76 |-6618.97|-1157.33|-11235.61
Total Rotor 1188.32] 0.00 | -22.69 0.00 |-1870.59| 0.00
Total Aircraft (Body Axis) 981.83| 0.00 |-12962.77| 0.00 0.81 0.00
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Table C-2: Airplane Mode, 517 RPM (cont.)

180 kts
Math Model
X force|Y force| Z force | Roll (L) [Pitch (M) Yaw (V)
Fuselage -114.44| 0.00 [-1115.34| 0.00 |-233.96| 0.00
Wing -153.72| 0.00 [-13255.29] 0.00 |7610.62| 0.00
Horizontal Tail -51.89| 0.00 | 73.03 0.00 |[1723.59| 0.00
Vertical Tail #1 -19.69| 0.00 0.00 0.01 68.27 | 125.97
Vertical Tail #2 -19.69| 0.00 0.00 0.01 68.27 | -126.06
Airframe -359.43| 0.00 |-14297.60, 0.02 |9236.81| -0.10
Left Rotor (MR2) 537.94|-35.57| 658.68 |-10681.84|-4618.41| 8552.82
Right Rotor (MR1) 537.93|35.58 | 658.68 |10681.83|-4618.39|-8552.72
Total Rotor 1075.87| 0.01 | 1317.36 | -0.02 |-9236.81| 0.10
Total Aircraft (Body Axis) 716.44| 0.02 |-12980.24| 0.00 0.00 0.00
GTRS
X force|Y force| Z force | Roll (L) [Pitch (M) Yaw (V)
Fuselage -248.85| 0.00 |-1070.32| 0.00 |-1058.59| 0.00
Wing -168.37| 0.00 [-11741.56| 0.00 |4622.86| 0.00
Horizontal Tail -50.55] 0.00 | -65.03 0.00 |-1294.71| 0.00
Vertical Tail #1 -18.42| 0.00 0.00 0.00 64.64 | -118.21
Vertical Tail #2 -18.42| 0.00 0.00 0.00 64.64 | 118.21
Airframe -658.37| 0.00 [-12882.04) 0.00 |2736.51| 0.00
Left Rotor (MR2) 741.77|44.67 | -46.82 | 6611.14 |-1634.03|12246.41
Right Rotor (MR1) 741.77|-44.67| -46.82 |-6611.14|-1634.03|-12246.41
Total Rotor 1262.71| 0.00 | -103.88 0.00 |-2735.69| 0.00
Total Aircraft (Body Axis) 604.34| 0 |-12985.92| -0.001 0.82 0.004
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Table C-2: Airplane Mode, 517 RPM (cont.)

200 kts
Math Model
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw (N)
Fuselage -176.29| 0.00 |-1220.96| 0.00 |[-3564.49| 0.00
Wing -426.67| 0.00 |-13516.26| 0.00 | 8264.54 | 0.00
Horizontal Tail -67.30 | 0.00 | 239.93 0.00 | 5408.01 0.00
Vertical Tail #1 -24.31 | 0.00 0.00 0.00 84.29 155.55
Vertical Tail #2 -24.31 | 0.00 0.00 0.00 84.29 | -155.60
Airframe -718.88| 0.00 |-14497.29| 0.01 [10276.65| -0.05
Left Rotor (MR2) 576.42 |-40.73| 752.27 |-12199.78|-5138.33 | 9149.43
Right Rotor (MR1) 576.41 | 40.72 | 752.27 |12199.77|-5138.32|-9149.38
Total Rotor 1152.83]-0.01 | 1504.53 | -0.01 [-10276.65| 0.05
Total Aircraft (Body Axis) 433.95| 0.00 [-12992.76| 0.00 0.00 0.00
GTRS
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw (V)
Fuselage -328.14| 0.00 |-1173.23| 0.00 |[-4323.86| 0.00
Wing -405.25| 0 |-11977.37 0 4592.67 0
Horizontal Tail -58.66 | 0 126.89 0 2911.84 0
Vertical Tail #1 -23.41 0 0.00 0 82.13 |-150.201
Vertical Tail #2 -23.41 0 0.00 0 82.13 | 150.201
Airframe -1028.55| 0 |-13027.30 0 3761.93 0
Left Rotor (MR2) 821.87 |47.20| 19.50 | 6682.80 |[-2196.87 |13592.08
Right Rotor (MR1) 821.87 |-47.20| 19.50 |-6682.80 |-2196.87 |-13592.08
Total Rotor 1371.23] 0 31.83 0 -3761.53 0
Total Aircraft (Body Axis) 34268 | 0 |-12995.46| -0.001 0.40 0
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Table C-2: Airplane Mode, 517 RPM (cont.)

220 kts
Math Model
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw ()
Fuselage -239.64| 0.00 |-1335.82| 0.00 |-7271.63| 0.00
Wing -664.67| 0.00 -13781.39] 0.00 | 8855.48 | 0.00
Horizontal Tail -81.07 | 0.00 | 429.68 0.00 |9587.56 | 0.00
Vertical Tail #1 -29.41 | 0.00 0.00 -0.01 101.99 | 188.34
Vertical Tail #2 -29.41 | 0.00 0.00 -0.01 101.99 | -188.15
Airframe -1044.20] -0.01 |-14687.53| -0.03 |11375.39| 0.19
Left Rotor (MR2) 633.57 |-45.59| 844.72 |-13698.73|-5687.67 |10047.54
Right Rotor (MR1) 633.57 | 45.55| 844.72 |13698.76|-5687.72 |-10047.73
Total Rotor 1267.13| -0.04 | 1689.44 | 0.03 |-11375.39| -0.19
Total Aircraft (Body Axis) 222.94 | -0.05 |-12998.09| 0.00 0.00 0.00
GTRS
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw (N)
Fuselage -410.73| 0 |-1291.61 0 -7838.43 0
Wing -585.35| 0 |-12232.70 0 4404.57 0
Horizontal Tail -66.17 0 343.32 0 7651.46 0
Vertical Tail #1 -2890| O 0.00 0 101.39 |-185.423
Vertical Tail #2 2890 | O 0.00 0 101.39 | 185.423
Airframe -1348.46/ 0 [-13182.96 0 4922.76 0
Left Rotor (MR2) 916.99 | 52.21| 93.99 | 6845.27 |-2832.64 [15196.37
Right Rotor (MR1) 916.99 |-52.21| 93.99 |-6845.27|-2832.64 |-15196.37
Total Rotor 150435 0 184.04 0 -4921.91| -0.001
Total Aircraft (Body Axis) 15589 | 0 |-12998.92 0 0.87 -0.001
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Table C-2:

Airplane Mode, 517 RPM (cont.)

240 kts
Math Model
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw ()
Fuselage -305.55| 0.00 |-1460.20| 0.00 |-11354.23] 0.00
Wing -881.29| 0.00 |-14052.39] 0.00 | 9409.76 | 0.00
Horizontal Tail -93.79 | 0.00 | 640.44 0.00 [14223.51| 0.00
Vertical Tail #1 -35.00 | 0.00 0.00 -0.01 121.38 | 224.09
Vertical Tail #2 -35.00 | 0.00 0.00 -0.01 121.38 | -223.96
Airframe -1350.64( -0.01 |-14872.15| -0.02 |12521.80| 0.13
Left Rotor (MR2) 705.85 |-50.12| 936.14 |-15180.54|-6260.89 [11190.45
Right Rotor (MR1) 705.85|50.10 | 936.15 |15180.56|-6260.91 |-11190.58
Total Rotor 1411.70| -0.02 | 1872.29 | 0.02 |-12521.80| -0.13
Total Aircraft (Body Axis) 61.06 |-0.02 |-12999.86| 0.00 0.00 0.00
GTRS
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw (N)
Fuselage -497.59| 0 |-1432.56 0 -11458.53| -0.003
Wing -768.06| 0 |-12490.07 0 4158.49 0
Horizontal Tail -71.81 0 575.93 0 12739.56 0
Vertical Tail #1 -34.86 | 0.00 0.00 0.00 122.31 | -223.67
Vertical Tail #2 -34.86 | 0.00 0.00 0.00 122.31 | 223.67
Airframe -1675.50| 0.00 |-13347.12] 0.00 | 6274.69 | 0.00
Left Rotor (MR2) 1048.03|60.24 | 173.84 | 7330.26 |-3568.48 |17398.42
Right Rotor (MR1) 1048.03|-60.24| 173.84 |-7330.26 |-3568.48 |-17398.42
Total Rotor 1703.85| O 346.85 0 -6269.85 0
Total Aircraft (Body Axis) 25.35 | 0.00 |-13000.27] 0.00 4.84 0.00
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Table C-2: Airplane Mode, 517 RPM (cont.)

260 kts
Math Model
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw (N)
Fuselage -374.92| 0.00 |-1592.80| 0.00 |-15841.59| 0.00
Wing -1085.68| 0.00 |-14304.09] 0.00 | 9930.51 | 0.00
Horizontal Tail -105.76 | 0.00 | 868.02 0.00 [19224.97| 0.00
Vertical Tail #1 -41.08 | 0.00 0.00 0.00 142.45 | 262.94
Vertical Tail #2 -41.08 | 0.00 0.00 0.00 142.45 | -262.90
Airframe -1648.51| 0.00 |-15028.88| -0.01 |13598.79| 0.03
Left Rotor (MR2) 790.52 |-54.46| 1014.52 |-16451.89|-6799.39 | 12534.16
Right Rotor (MR1) 790.52 | 54.44 | 1014.53 |16451.90|-6799.40 |-12534.19
Total Rotor 1581.04| -0.02 | 2029.05 | 0.01 |-13598.79| -0.03
Total Aircraft (Body Axis) -67.47 | -0.02 |-12999.82| 0.00 0.00 0.00
GTRS
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw ()
Fuselage -596.90| 0 |-1597.07 0 -15157.05| -0.004
Wing -977.98| 0 |-12751.50 0 3901.24 0
Horizontal Tail -76.66 0 823.01 0 18141.44 0
Vertical Tail #1 -41.36 | 0.00 0.00 0.00 145.10 | -265.36
Vertical Tail #2 -41.36 | 0.00 0.00 0.00 145.10 | 265.36
Airframe -2043.62| 0.00 [-13524.50] 0.00 | 7856.95| 0.00
Left Rotor (MR2) 1221.91|71.53 | 261.32 | 8230.11 |-4428.21 (20311.72
Right Rotor (MR1) 1221.91|-71.53| 261.32 |-8230.11|-4428.21 |-20311.72
Total Rotor 1983.54| 0 524.77 0 -7852.84 0
Total Aircraft (Body Axis) -60.08 | 0.00 [-12999.73| 0.00 4.10 0.00

196



Table C-2: Airplane Mode, 517 RPM (cont.)

280 kts
Math Model
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw (N)
Fuselage -448.06| 0.00 |-1734.30| 0.00 |-20721.00, 0.00
Wing -1282.69| 0.00 |-14547.67| 0.00 |10433.01| 0.00
Horizontal Tail -117.33] 0.00 | 1113.32 | 0.00 |24612.81| 0.00
Vertical Tail #1 -47.64 | 0.00 0.00 0.00 165.21 | 304.95
Vertical Tail #2 -47.64 | 0.00 0.00 0.00 165.21 | -304.90
Airframe -1943.36| 0.00 |-15168.65] -0.01 |14655.24| 0.04
Left Rotor (MR2) 886.24 |-59.16| 1084.88 |-17594.84(-7327.61 | 14054.69
Right Rotor (MR1) 886.22 | 59.10 | 1084.89 |17594.85|-7327.63 |-14054.73
Total Rotor 1772.46| -0.07 | 2169.77 | 0.01 |-14655.24| -0.04
Total Aircraft (Body Axis) -170.90| -0.07 |-12998.88| 0.00 0.00 0.00
GTRS
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw (N)
Fuselage -706.39| 0 |-1774.37 0 -19155.09| -0.004
Wing -1184.38 0 |-13052.07 0 3596.44 0
Horizontal Tail -80.41 0 1094.32 0 24069.07 0
Vertical Tail #1 -48.40 | 0.00 0.00 0.00 169.83 | -310.58
Vertical Tail #2 -48.40 | 0.00 0.00 0.00 169.83 | 310.58
Airframe -2421.29| 0.00 |[-13729.46/ 0.00 | 9628.13 | 0.00
Left Rotor (MR2) 1412.52|85.92| 362.44 | 9306.03 |-5388.19|23517.17
Right Rotor (MR1) 1412.52]-85.92| 263.44 |-9306.03 |-5388.19-23517.17
Total Rotor 2291.25| 0.00 | 730.21 0.00 |-9625.46| 0.00
Total Aircraft (Body Axis) -130.03 | 0.00 |-12999.25| 0.00 2.67 0.00
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Conversion Mode 15° S, Input Parameters

Parameter Units Values
GW Ibs 13000
P deg 15
Turn Rate deg/s 0.00
Flight Path Angle deg 0.00
Xeg ft 24.99
Veg ft 0.00
Zeg ft 6.73
Q rad/s 61.68
Q RPM 589.00
Oftap deg 40.00
L slug ft*2 | 52487.50
I, slug ft*2 | 21191.40
I, slug ft"2 | 66473.90
I slug ft*2 | 1207.60
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Conversion Mode 15°6,,
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Conversion Mode 15°6,,
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Rolling Moment, L, ft-l

Pitching Moment, M, ft-I

Yawing Moment, N, ft-I
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Conversion Mode 15°6,

80000 -

60000 -

40000 +
20000

0 *

-20000 T

20 40

8000 -
6000 -
4000 -
2000 +

0 -
-2000

60 80 100
Velocity, kts

120 140

Oe¢

i
/\?
De X

-4000 -
-6000 -
-8000 -
-10000 ~
-12000 \

20 40

20000 -
18000 -
16000 -
14000 +
12000 +
10000 +

8000 -

6000

60 80 100
Velocity, kts

120 140

4000

2000

-2000 ‘

* & o

*

20 40

—o— GITRS fuse
—— GTRS wing
—x—GTRS HT

60 80 100
Velocity, kts
——GTRS VT1 —e— MM fuse
—=—GIRSMR2 ——MM wing
—o— GTRS TOTAL —— MM HT

201

120 140

—— MM VT1
—a— MM MR2
—e— MM TOTAL



Table C-4: Conversion Mode, 15° S/

Input Parameter Units GTRS 1\1>[/[o a(;l;l GTRS 1\1>[/[o a(;l;l GTRS 1\1;{/1021(;1611
V ft/s - 67.51 - 101.27 135.02
V kts 40.00 40.00 60.00 60.00 80.00 80.00
) deg 0.00 0.00 0.00 0.00 0.00 0.00
0 deg 8.57 9.10 5.58 5.95 0.66 2.17

ar deg 8.57 9.10 5.58 5.95 0.66 2.17
br deg 0.00 0.00 0.00 0.00 0.00 0.00
A -- 0.0525 0.0494 0.0478 0.0467 0.0611 0.0576
p deg/s 0.00 0.00 0.00 0.00 0.00 0.00
q deg/s 0.00 0.00 0.00 0.00 0.00 0.00
r deg/s 0.00 0.00 0.00 0.00 0.00 0.00
pdot deg/s/s 0.00 0.00 0.00 0.00 0.00 0.00
qdot deg/s/s 0.01 0.00 0.00 0.00 0.00 0.00
rdot deg/s/s 0.00 0.00 0.00 0.00 0.00 0.00
o deg 2.58 1.91 2.36 1.57 2.21 1.40
Bis deg -6.01 -0.09 -4.48 -0.13 -3.06 -0.19
Piea deg -2.99 -1.53 -1.38 -1.52 -0.29 -1.33
o1 deg 42.84 41.87 41.80 40.83 42.62 41.24
15,1 deg 2.78 -0.49 0.47 -1.19 -1.56 217
O1c1 deg 0.00 0.00 0.00 0.00 0.00 0.00
Orud deg 0.00 0.00 0.00 0.00 0.00 0.00
Oetev deg -6.60 0.92 -1.22 2.35 3.50 4.38
Ouil deg 0.00 0.00 0.00 0.00 0.00 0.00
M -- 0.0870 0.0882 0.1296 0.1304 0.1697 0.1709
U ft/s 66.76 66.66 100.80 100.72 135.00 134.93
V ft/s 0.00 0.00 0.00 0.00 0.00 0.00
w ft/s 10.06 10.68 9.85 10.50 1.54 5.11
Thrust, 1b 5706.89 | 5666.57 | 5012.95 | 5019.13 | 4520.48 | 4677.96
Cri -- 0.0082 0.0082 0.0072 0.0072 0.0065 0.0067
Olong In 3.41 5.02 4.54 5.36 5.54 5.85
Otar In 4.80 4.80 4.80 4.80 4.80 4.80
Oped In 2.50 2.50 2.50 2.50 2.50 2.50
A -- 0.0525 0.0494 0.0478 0.0467 0.0611 0.0576
Boa deg 2.58 1.91 2.36 1.57 2.21 1.40
Bisa deg -6.01 -0.09 -4.48 -0.13 -3.06 -0.19
Biea deg -2.99 -1.53 -1.38 -1.52 -0.29 -1.33
6o deg 42.84 1.87 41.80 0.83 42.62 1.24
6, deg 42.84 1.87 41.80 0.83 42.62 1.24
Thrust, 1b 5706.89 | 5666.57 | 5012.95 | 5019.13 | 4520.48 | 4677.96
Cn -- 0.0082 0.0082 0.0072 0.0072 0.0065 0.0067
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Table C-4: Conversion Mode, 15° S,/ (cont.)

Input Parameter Units GTRS 1\124:51;1 GTRS 1\1>[/[o a(;l;l
|4 ft/s -- 168.78 -- 202.53
|4 kts 100.00 100.00 120.00 120.00
P deg 0.00 0.00 0.00 0.00
0 deg -4.39 -1.69 -7.78 -5.29
oF deg -4.39 -1.69 -7.78 -5.29

Br deg 0.00 0.00 0.00 0.00
A -- 0.0872 0.0786 0.1155 0.1067
p deg/s 0.00 0.00 0.00 0.00
q deg/s 0.00 0.00 0.00 0.00
r deg/s 0.00 0.00 0.00 0.00
pdot deg/s/s 0.00 0.00 0.00 0.00
qdot deg/s/s 0.01 0.00 0.00 0.00
rdot deg/s/s 0.00 0.00 0.00 0.00
Bo deg 2.24 1.48 2.45 1.85
Bisi deg -2.58 -0.28 -2.52 -0.44
Biea deg 0.24 -1.21 0.74 -1.43
Oo,1 deg 45.14 43.13 48.59 46.29
0151 deg -3.43 -3.45 -5.84 -4.95
011 deg 0.00 0.00 0.00 0.00
Orud deg 0.00 0.00 0.00 0.00
Oelev deg 7.87 7.02 13.48 10.13
it deg 0.00 0.00 0.00 0.00
M -- 0.2065 0.2098 0.2422 0.2475
U ft/s 168.30 168.70 200.70 201.67
14 ft/s 0.00 0.00 0.00 0.00
w ft/s -12.92 -4.97 -27.41 -18.66
Thrust, Ib 4627.42 4904.32 5274.38 5829.65
Cn -- 0.0067 0.0071 0.0076 0.0084
Slong In 6.46 6.48 0.00 7.23
Olat In 4.80 4.80 8.03 4.80
Oped In 2.50 2.50 4.80 2.50
A -- 0.0872 0.0786 0.1155 0.1067
B deg 2.24 1.48 2.45 1.85
Bisa deg 2.58 -0.28 2.52 -0.44
Biea deg 0.24 -1.21 0.74 -1.43
o2 deg 45.14 3.13 48.59 6.29
6y deg 45.14 3.13 48.59 6.29
Thrust, Ib 4627.42 4904.32 5274.38 5829.65
Cn -- 0.0067 0.0071 0.0076 0.0084
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Table C-4: Conversion Mode, 15° By (cont.)

40 kts
Math Model
X force|Y force| Z force | Roll (L) [Pitch (M) Yaw (N)
Fuselage 4.69 | 0.00 | -84.12 0.00 624.66 | 0.00
Wing -123.31| 0.00 |-1464.87| 0.00 |1164.51| 0.00
Horizontal Tail 499 | 0.00 | -136.39 | 0.00 |-2970.68| 0.00
Vertical Tail #1 -0.97 | 0.00 0.00 0.00 2.79 6.22
Vertical Tail #2 -0.97 | 0.00 0.00 0.00 2.79 -6.22
Airframe -115.57| 0.00 |-1685.39| 0.00 |-1175.94| 0.00
Left Rotor (MR2) 1086.10| 28.55 |-5575.4589966.95| 587.97 [17528.03
Right Rotor (MR1) 1086.10|-28.55 | -5575.45 |-89966.95| 587.97 |-17528.03
Total Rotor 2172.20, 0.00 |-11150.90f 0.00 |1175.94| 0.00
Total Aircraft (Body Axis) 2056.62| 0.00 [-12836.29] 0.00 0.00 0.00
GTRS
X force|Y force| Z force | Roll (L) [Pitch (M)| Yaw (N)
Fuselage -6.63 | 0.00 | -83.09 0.00 541.68 0.00
Wing -225.88| 0.00 |-1462.84| 0.00 881.30 | 0.00
Horizontal Tail 5.88 | 0.00 | -105.73 0.00 |-2302.90| 0.00
Vertical Tail #1 0.77 | 0.00 0.00 0.00 -2.23 4.93
Vertical Tail #2 0.77 | 0.00 0.00 0.00 -2.23 -4.93
Airframe -315.80| 0.00 |-1688.47| 0.00 |-739.69| 0.00
Left Rotor (MR2) 1157.63|-370.02| -5592.20 |88263.93| 191.31 |12558.47
Right Rotor (MR1) 1157.63|370.02|-5592.20 -88263.93| 191.31 |-12558.46
Total Rotor 2252.86| 0.00 |-11166.31| 0.00 | 742.04 | 0.01
Total Aircraft (Body Axis) 1937.06| 0.00 |-12854.78 0.00 2.35 0.01
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Table C-4: Conversion Mode, 15° By (cont.)

60 kts
Math Model
X force|Y force| Z force | Roll (L) [Pitch (M)| Yaw ()
Fuselage -3.47 | 0.00 | -155.01 0.00 | 655.28 0.00
Wing -421.00{ 0.00 |-2623.21| 0.00 [2338.91| 0.00
Horizontal Tail 0.53 | 0.00 | -235.26 0.00 |-5108.87| 0.00
Vertical Tail #1 -2.19 | 0.00 0.00 0.00 6.27 14.00
Vertical Tail #2 -2.19 | 0.00 0.00 0.00 6.27 -14.00
Airframe -428.32| 0.00 [-3013.48| 0.00 |[-2102.13| 0.00
Left Rotor (MR2) 888.07| 28.80 |-4958.23 |180045.39|1051.07 | 14343.86
Right Rotor (MR1) 888.07|-28.80|-4958.23 |-80045.39| 1051.07 |-14343.86
Total Rotor 1776.14] 0.00 [-9916.46| 0.00 |[2102.13| 0.00
Total Aircraft (Body Axis) 1347.82| 0.00 -12929.94) 0.00 0.00 0.00
GTRS
X force|Y force| Z force | Roll (L) [Pitch (M)| Yaw (V)
Fuselage -21.80| 0.00 | -152.54 | 0.00 575.28 0.00
Wing -609.34| 0.00 |[-2901.06| 0.00 |[1827.12| 0.00
Horizontal Tail -4.22 | 0.00 | -98.50 0.00 |[-2127.47| 0.00
Vertical Tail #1 -0.52 | 0.00 0.00 0.00 1.52 -3.36
Vertical Tail #2 -0.52 | 0.00 0.00 0.00 1.52 3.36
Airframe -814.68| 0.00 |-3176.12| 0.00 562.87 0.00
Left Rotor (MR2) 1114.05[-227.15|-4887.93|77819.48 | -727.19 |13108.65
Right Rotor (MR1) 1114.05(227.15|-4887.93 |-77819.48| -727.19 |-13108.65
Total Rotor 2079.37 0.00 |[-9762.15| 0.00 |-562.42| 0.00
Total Aircraft (Body Axis) 1264.69| 0.00 |-12938.27| 0.00 0.45 0.00
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Table C-4: Conversion Mode, 15° By (cont.)

80 kts
Math Model
X force |Y force| Z force | Roll (L) [Pitch (M) Yaw (N)
Fuselage -27.15| 0.00 | -200.46 | 0.00 |-436.31| 0.00
Wing -938.25| 0.00 [-3221.53| 0.00 |3405.94| 0.00
Horizontal Tail -12.68 | 0.00 | -278.63 0.00 |-6025.89| 0.00
Vertical Tail #1 -3.89 | 0.00 0.00 0.00 11.15 24.89
Vertical Tail #2 -3.89 | 0.00 0.00 0.00 11.15 | -24.89
Airframe -985.86| 0.00 [-3700.62| 0.00 |[-3033.97| 0.00
Left Rotor (MR2) 738.74 | 28.21 |-4645.04 |75017.95|1516.98 | 11943.85
Right Rotor (MR1) 738.74 |-28.21|-4645.04 |-75017.95] 1516.98 |-11943.85
Total Rotor 1477.47| 0.00 [-9290.08| 0.00 |3033.97| 0.00
Total Aircraft (Body Axis) 491.61 | 0.00 [-12990.70 0.00 0.00 0.00
GTRS
X force |Y force| Z force | Roll (L) |Pitch (M) Yaw (N)
Fuselage -54.38 | 0.00 | -170.13 0.00 |-1059.48| 0.00
Wing -1271.90| 0.00 |-3966.06| 0.00 |2622.15| 0.00
Horizontal Tail -12.68 | 0.00 | -72.51 0.00 |-1548.51] 0.00
Vertical Tail #1 -2.34 | 0.00 0.00 0.00 6.80 -15.00
Vertical Tail #2 -2.34 | 0.00 0.00 0.00 6.80 15.00
Airframe -1650.81| 0.00 |-4214.12| 0.01 519.08 0.00
Left Rotor (MR2) 1027.53]-106.64{-4403.37 | 71111.53|-1027.13|11649.07
Right Rotor (MR1) 1027.53]-106.64| -4403.36 |-71111.42/-1027.13|-11649.06
Total Rotor 1799.54| 0.00 [-8785.22| 0.11 |-519.39| 0.02
Total Aircraft (Body Axis) 148.73 | 0.00 |-12999.34| 0.12 -0.31 0.02
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Table C-4: Conversion Mode, 15° By (cont.)

100 kts
Math Model
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw (N)
Fuselage -59.90 | 0.00 | -191.70 | 0.00 |-3229.52 0.00
Wing -1564.67| 0.00 |-2738.77| 0.00 |3867.10| 0.00
Horizontal Tail -27.87 | 0.00 | -252.80 | 0.00 |-5436.64| 0.00
Vertical Tail #1 -6.08 | 0.00 0.00 0.00 17.42 38.89
Vertical Tail #2 -6.08 | 0.00 0.00 0.00 17.42 | -38.89
Airframe -1664.60| 0.00 |-3183.26| 0.00 |[-4764.22| 0.00
Left Rotor (MR2) 641.07 | 31.77 | -4905.55|79265.17{2382.11 | 10384.08
Right Rotor (MR1) 641.07 |-31.77|-4905.55 |-79265.17|2382.11 |-10384.08
Total Rotor 1282.14] 0.00 |-9811.11| 0.00 |[4764.22| 0.00
Total Aircraft (Body Axis) -382.46| 0.00 -12994.37| 0.00 0.00 0.00
GTRS
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw (N)
Fuselage -106.91| 0.00 | -102.36 0.00 [-4990.42| 0.00
Wing -2050.60 0.00 |-3966.88| -0.01 |2561.77| 0.00
Horizontal Tail -11.03 | 0.00 | 60.88 0.00 |1340.17| 0.00
Vertical Tail #1 -4.90 | 0.00 0.00 0.00 14.26 | -31.47
Vertical Tail #2 -4.90 | 0.00 0.00 0.00 14.26 31.47
Airframe -2651.43| 0.00 |-3975.74| -0.01 |-302.78| 0.00
Left Rotor (MR2) 1014.40|-39.13|-4518.84|73871.19| -952.99 |10137.56
Right Rotor (MR1) 1014.40|39.13 | -4518.84 |-73871.19| -952.99 |-10137.56
Total Rotor 1656.17| 0.00 |-8985.86| 0.00 307.94 0.00
Total Aircraft (Body Axis) -995.26| 0.00 |-12961.59| -0.01 5.16 0.00
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Table C-4: Conversion Mode, 15° By (cont.)

120 kts
Math Model
X force |Y force| Z force | Roll (L) |Pitch (M)|Yaw (V)
Fuselage -88.79 1 0.00 | -111.94 | 0.00 |-8079.41| 0.00
Wing -2120.18] 0.00 | -868.03 0.00 |3283.05| 0.00
Horizontal Tail -38.10 | 0.00 | -179.94 | 0.00 |-3835.74| 0.00
Vertical Tail #1 -8.75 | 0.00 0.00 0.00 25.09 | 56.01
Vertical Tail #2 -8.75 | 0.00 0.00 0.00 25.09 | -56.01
Airframe -2264.57| 0.00 |-1159.92| 0.00 |-8581.92| 0.00
Left Rotor (MR2) 533.34 | 44.07 |-5892.39195279.85| 4290.96 |8678.32
Right Rotor (MR1) 533.34 |-44.07|-5892.39 |-95279.85| 4290.96 |-8678.32
Total Rotor 1066.69| 0.00 |-11784.77) 0.00 | 8581.92 | 0.00
Total Aircraft (Body Axis) -1197.89| 0.00 |-12944.69| 0.00 0.00 0.00
GTRS
X force |Y force| Z force | Roll (L) |Pitch (M)|Yaw (N)
Fuselage -191.24| 0.00 | 16.66 0.00 |-10426.80 0.00
Wing -2645.27| 0.00 |-3070.44| 0.00 | 1390.49 | 0.00
Horizontal Tail 25.14 | 0.00 | 323.35 0.00 | 6963.26 | 0.00
Vertical Tail #1 -8.67 | 0.00 0.00 0.00 25.19 | -55.60
Vertical Tail #2 -8.67 | 0.00 0.00 0.00 25.19 | 55.60
Airframe -3500.22 0.00 |-2652.98| 0.00 | -947.52 | 0.00
Left Rotor (MR2) 1122.90| 11.43 |-5160.56 |85336.41(-1010.31 |9086.83
Right Rotor (MR1) 1122.90|-11.43|-5160.56 |-85336.41|-1010.31 |-9086.83
Total Rotor 1741.25| 0.00 |-10227.39] 0.00 0.00 0.00
Total Aircraft (Body Axis) -1758.97| 0.00 |-12880.37| 0.00 0.00 0.00
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Conversion Mode 30° S, Input Parameters

Parameter Units Values
GW Ibs 13000
Bu deg 30
Turn Rate deg/s 0.00
Flight Path Angle deg 0.00
Xeg ft 24.9
Veg ft 0.0
Zeg ft 6.6
Q rad/s 61.68
Q RPM 589
Oftap deg 20.00
L slug ft"2 | 52180
1, slug ft*2 | 21023
L, slug ft*'2 | 66613
1. slug ft"2 1181

209



Conversion Mode 30°6u x GTRS
60 -
,%DSO : . ¥ B _
<40 1 o %
§3O 1 1:,
%20 a -
10 -
0 T T T T 1
60 80 100 120 140 160
Velocity (kts)
15
X
o
EUIO a X - g
2 o
> 5 X u 9
2 ™ <
© >
< 0 - 2
'5 T T T T 1
60 80 100 120 140 160
Velocity (kts)

0.20 1 o0
E; i g
< 0.15 A ¥ 4
.8 ]
£0.10 - L Z
2 n 3
S 7 [
= 0.05 <

0.00 T T T T 1 é

60 80 100 120 140 160
Velocity (kts)
81 X
X |
| o0
g° i " J
o0 4 o 20
g g
=5 1S
= 24 O
0 T T T T 1
60 80 100 120 140 160
Velocity (kts)
l =
‘e 0 " = = | )
[ [
= =
= 1 o
a -2 X X % M
3 x
60 80 100 120 140 160
Velocity (kts)

210

s Math Model

2 —
0 n
]
-2 4 X -
4 ]
X
_6 T T T T 1
60 80 100 120 140 160
Velocity (kts)
0.30 T
0.25 n
R
0.20 ~ [
0.15 - "
0.10 ~
0.05 -
0.00 T T T T 1
60 80 100 120 140 160
Velocity (kts)
15
10 ~ ]
> "
| ]
0 ” .
-5 - X
'10 T T T T 1
60 80 100 120 140 160
Velocity (kts)
2.5 7
X
20 7 X X X
1.5 u
1.0 - - L]
0.5
0.0 T T T T 1
60 80 100 120 140 160
Velocity (kts)
0 =
X
1 x X
2 A X
] |
-3 u =
'4 T T T T 1
60 80 100 120 140 160

Velocity (kts)



Conversion Mode 30°6,,
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Pitching Moment, M, ft-I Rolling Moment, L, ft-l

Yawing Moment, N, ft-|

Conversion Mode 30°6/
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Table C-5: Conversion Mode, 30° S/

Pagggter Units GTRS 1\1>[/[0ac:21 GTRS 1\1>[/[oa(§};1
14 ft/s - 135.02 - 168.78
14 kts 80.00 80.00 100.00 100.00
P deg 0.00 0.00 0.00 0.00
0 deg 9.72 9.39 2.85 4.52
oF deg 9.72 9.39 2.85 4.52
Br deg 0.00 0.00 0.00 0.00
A e 0.0745 0.0750 0.1103 0.1044
p deg/s 0.00 0.00 0.00 0.00
q deg/s 0.00 0.00 0.00 0.00
r deg/s 0.00 0.00 0.00 0.00

pdot deg/s/s 0.00 0.00 0.00 0.00
qdot deg/s/s -0.02 0.00 -0.03 0.00
rdot deg/s/s 0.00 0.00 0.00 0.00
Boa deg 1.89 0.88 1.83 0.84
Bis deg -2.78 0.09 -2.10 0.02
Brca deg -1.86 -3.06 -0.75 -2.54
Oy 1 deg 42.13 40.62 45.12 42.87
O1s.1 deg 0.35 0.43 -2.00 -1.04
O1c.1 deg 0.00 0.00 0.00 0.00
Orud deg 0.00 0.00 0.00 0.00
Seter deg -1.45 -1.47 4.69 1.96
Oail deg 0.00 0.00 0.00 0.00
M -- 0.1643 0.1660 0.1948 0.1982
U ft/s 133.10 133.21 168.60 168.25
V ft/s 0.00 0.00 0.00 0.00
w ft/s 22.79 22.03 8.40 13.30
Thrust; Ib 3512.68 3381.00 3296.78 3192.53
Cn -- 0.0051 0.0049 0.0048 0.0046
Slong In 4.49 4.45 5.79 5.27
Olat In 4.80 4.80 4.80 4.80
S ped In 2.50 2.50 2.50 2.50
) -- 0.0745 0.0750 0.1103 0.1044
Bo2 deg 1.89 0.88 1.83 0.84
Bisz deg 2.78 0.09 2.10 0.02
Pica deg -1.86 -3.06 -0.75 -2.54
6o deg 42.13 0.62 45.12 2.87
6 deg 42.13 0.62 45.12 2.87
Thrust, Ib 3512.68 3381.00 3296.78 3192.53
Cn -- 0.0051 0.0049 0.0048 0.0046
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Table C-5:

Conversion Mode, 30° Sy (cont.)

Paigrpgter Units GTRS 1\1>[/[oa(§};1 GTRS 1\1>[/[oa(§};1
|14 ft/s -- 202.53 -- 236.29
|14 kts 120.00 120.00 140.00 140.00
P deg 0.00 0.00 0.00 0.00
0 deg -1.92 0.55 -5.13 -2.70
o deg -1.92 0.55 -5.13 -2.70
Br deg 0.00 0.00 0.00 0.00
Al -- 0.1486 0.1386 0.1864 0.1756
p deg/s 0.00 0.00 0.00 0.00
q deg/s 0.00 0.00 0.00 0.00
r deg/s 0.00 0.00 0.00 0.00

pdot deg/s/s 0.00 0.00 0.00 0.00
gdot deg/s/s 0.00 0.00 0.00 0.00
rdot deg/s/s 0.00 0.00 0.00 0.00
Bo,i deg 1.94 1.03 2.17 1.44
Bis deg -1.99 -0.06 -2.30 -0.19
Biea deg -0.35 -2.44 -0.86 2.75
0,1 deg 48.72 46.07 52.40 49.93
01,1 deg 3.95 -2.44 -5.30 -3.79
O1c1 deg 0.00 0.00 0.00 0.00
Orud deg 0.00 0.00 0.00 0.00
Oetev deg 9.81 5.20 13.35 8.33
Ouit deg 0.00 0.00 0.00 0.00
M -- 0.2230 0.2288 0.2507 0.2582
U ft/s 202.40 202.52 235.30 236.03
Vv ft/s 0.00 0.00 0.00 0.00
w ft/s -6.78 1.94 -21.13 -11.13
Thrust, Ib 3655.53 3517.59 4389.78 4341.56
Cn -- 0.0053 0.0051 0.0063 0.0063
Olong In 6.87 6.05 7.62 6.80
Olas In 4.80 4.80 4.80 4.80
Oped In 2.50 2.50 2.50 2.50
Ja -- 0.1486 0.1386 0.1864 0.1756
Bo2 deg 1.94 1.03 2.17 1.44
Bisz deg -1.99 -0.06 2.30 -0.19
Biea deg -0.35 -2.44 -0.86 -2.75
0o deg 48.72 6.07 52.40 9.93
0o deg 48.72 6.07 52.40 9.93
Thrust, Ib 3655.53 3517.59 4389.78 4341.56
Cn -- 0.0053 0.0051 0.0063 0.0063
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Table C-5: Conversion Mode, 30° By (cont.)

80 kts
Math Model
X force|Y force| Z force | Roll (L) |Pitch (M)| Yaw (&)
Fuselage 21.39 | 0.00 | -342.00 | 0.00 |2590.47| 0.00
Wing -49.66 | 0.00 |-5427.85| 0.00 |3315.37| 0.00
Horizontal Tail 24.11 | 0.00 | -479.53 | 0.00 [-10501.88 0.00
Vertical Tail #1 -3.89 | 0.00 0.00 0.00 11.53 24.89
Vertical Tail #2 -3.89 | 0.00 0.00 0.00 11.53 -24.89
Airframe -11.94| 0.00 |-6249.37| 0.00 |-4572.98| 0.00
Left Rotor (MR2) 1066.70| 38.62 |-3288.18|53132.75| 2286.49 |17244.36
Right Rotor (MR1) 1066.70| -38.62 | -3288.18 |-53132.75| 2286.49 |-17244.36
Total Rotor 2133.40, 0.00 |-6576.36| 0.00 |4572.98 | 0.00
Total Aircraft (Body Axis) 2121.46| 0.00 |-12825.73] 0.00 0.00 0.00
GTRS
X force|Y force| Z force | Roll (L) |Pitch (M)| Yaw (V)
Fuselage 2444 0 -356.42 0 2386.50 0
Wing -312.54] 0 |-5777.32 0 4086.71 0
Horizontal Tail 3.64 0 -260.16 0 -5670.25 0
Vertical Tail #1 -1.76 0 0.00 0 527 | -11.261
Vertical Tail #2 -1.76 0 0.00 0 5.27 11.261
Airframe -636.34) 0 |-6451.66 0 1315.82 0
Left Rotor (MR2) 1531.35[-52.275[-3171.41{52629.46|-1363.51 |20498.03
Right Rotor (MR1) 1531.35/52.275(-3171.41 |-52629.46| -1363.51 |-20498.03
Total Rotor 2826.900 0 |-6365.90 0 -1322.36 0
Total Aircraft (Body Axis) 2190.56 0 |-12817.55 0 -6.53 0
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Table C-5: Conversion Mode, 30° By (cont.)

100 kts
Math Model
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw (V)
Fuselage -23.85| 0.00 | -386.54 | 0.00 839.79 0.00
Wing -626.60| 0.00 [-5651.49| 0.00 |4235.74| 0.00
Horizontal Tail -4.72 | 0.00 | -525.53 0.00 |-11448.11] 0.00
Vertical Tail #1 -6.08 | 0.00 0.00 0.00 18.01 38.89
Vertical Tail #2 -6.08 | 0.00 0.00 0.00 18.01 -38.89
Airframe -667.32| 0.00 [-6563.56| 0.00 |-6336.57| 0.00
Left Rotor (MR2) 845.96 | 36.84 |-3198.00{51690.88| 3168.28 [13698.01
Right Rotor (MR1) 845.96 |-36.84|-3198.00 |-51690.88| 3168.28 |-13698.01
Total Rotor 1691.91| 0.00 [-6396.00| 0.00 | 6336.57 | 0.00
Total Aircraft (Body Axis) 1024.60| 0.00 |-12959.56| 0.00 0.00 0.00
GTRS
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw (V)
Fuselage -75.83 0 -336.32 0 -227.72 | -0.001
Wing -1173.150 0 |-6296.61| -0.004 | 5578.75 0
Horizontal Tail -22.20 0 -279.70 0 -6045.34 0
Vertical Tail #1 -5.03 0 0.00 0 15.11 | -32.271
Vertical Tail #2 -5.03 0 0.00 0 15.11 | 32.271
Airframe -1751.88) 0 |-6941.11| -0.004 | 131.64 | -0.001
Left Rotor (MR2) 1365.26|26.858|-3019.58 |51246.89|-1012.92 | 17231.67
Right Rotor (MR1) 1365.26]-26.858(-3019.58 |-51246.89|-1012.92 |-17231.67
Total Rotor 2403.16| 0 |-6041.80 0 -141.42 0
Total Aircraft (Body Axis) 651.27 0 |-12982.91] -0.004 -9.78 -0.001
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Table C-5: Conversion Mode, 30° By (cont.)

120 kts
Math Model
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw (V)
Fuselage -74.49 | 0.00 | -377.72 | 0.00 |-2557.38| 0.00
Wing -1201.95| 0.00 |-4800.70| 0.00 |4511.07 | 0.00
Horizontal Tail -34.42 | 0.00 | -536.17 | 0.00 [-11621.82] 0.00
Vertical Tail #1 -8.75 | 0.00 0.00 0.00 25.93 56.01
Vertical Tail #2 -8.75 | 0.00 0.00 0.00 25.93 -56.01
Airframe -1328.36| 0.00 |-5714.59| 0.00 |-9616.27| 0.00
Left Rotor (MR2) 726.35 | 43.57 |-3642.41|58909.93 | 4808.13 {11802.19
Right Rotor (MR1) 726.35 |-43.57 | -3642.41|-58909.93| 4808.13 |-11802.19
Total Rotor 1452.70| 0.00 |-7284.82| 0.00 |9616.27 | 0.00
Total Aircraft (Body Axis) 124.34 | 0.00 -12999.41] 0.00 0.00 0.00
GTRS
X force |Y force| Z force | Roll (L) |Pitch (M)| Yaw (V)
Fuselage -139.30| O -263.38 0 -4840.10| -0.001
Wing -1992.200 0 |-5794.07| -0.003 | 6366.54 0
Horizontal Tail -37.81 0 -179.56 0 -3835.17 0
Vertical Tail #1 -9.84 0 0.00 0 29.55 | -63.106
Vertical Tail #2 -9.84 0 0.00 0 29.55 | 63.106
Airframe -2864.95| 0 |-6220.00| -0.003 |-1100.90| -0.001
Left Rotor (MR2) 1426.10|85.804(-3399.97|58705.50| -630.18 |16711.91
Right Rotor (MR1) 1426.10]-85.804(-3399.97 |-58705.50| -630.18 |-16711.91
Total Rotor 2430.12| 0 |-6772.71 0 1100.98 0
Total Aircraft (Body Axis) -434.83| 0 |-12992.71] -0.003 0.08 -0.001
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Table C-5: Conversion Mode, 30° By (cont.)

140 kts
Math Model
X force | Y force | Z force | Roll (L) | Pitch (M) | Yaw (V)
Fuselage -121.18| 0.00 | -312.73 0.00 -7674.08 0.00
Wing -1657.33| 0.00 |-2822.33| 0.00 3948.18 0.00
Horizontal Tail -63.31 | 0.00 | -547.53 0.00 -11812.72 0.00
Vertical Tail #1 -11.91 | 0.00 0.00 0.00 35.30 76.23
Vertical Tail #2 -11.91 | 0.00 0.00 0.00 35.30 -76.23
Airframe -1865.64/ 0.00 |-3682.58| 0.00 -15468.02 0.00
Left Rotor (MR2) 626.52 | 60.02 |-4651.49(75286.13| 7734.01 |10252.49
Right Rotor (MR1) 626.52 | -60.02 |-4651.49 |-75286.13| 7734.01 |-10252.49
Total Rotor 1253.03| 0.00 |-9302.97| 0.00 15468.02 0.00
Total Aircraft (Body Axis) -612.61| 0.00 |-12985.56| 0.00 0.00 0.00
GTRS
X force | Y force | Z force | Roll (L) | Pitch (M) | Yaw (V)
Fuselage -222.81 0 -152.37 0 -10735.50 | -0.001
Wing -2641.74, 0O -4599.63 | 0.007 |64863442.00 0
Horizontal Tail -33.03 0 -25.29 0 -486.12 0
Vertical Tail #1 -12.72 0 0.00 0 38.23 -81.64
Vertical Tail #2 -12.72 0 0.00 0 38.23 81.645
Airframe -3833.68] 0 -4711.01| 0.006 -3106.78 0.004
Left Rotor (MR2) 1598.65|123.048|-4149.07 |72663.18| 112.94 |16614.39
Right Rotor (MR1) 1598.65]-123.048| -4149.07 |-72663.18| 11294 |-16614.39
Total Rotor 2671.25 0 -8236.85 0 3107.88 0
Total Aircraft (Body Axis) -1162.43] 0 |-12947.87| 0.006 1.10 0.004
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Conversion Mode 60° S, Input Parameters

Parameter Units Values
GW Ibs 13000
Py deg 60
Turn Rate deg/s 0.00
Flight Path Angle deg 0.00
Xeg ft 24.8
Veg ft 0.0
Zeg ft 6.4
Q rad/s 61.68
Q RPM 589
Oftap deg 20.00
L slug ft"2 | 51565
I, slug ft"2 | 20686
1., slug ft"2 66891
1. slug ft"2 1128
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Conversion Mode 60°6,, x GTRS
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Conversion Mode 60°8,,
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Rolling Moment, L, ft-l

Pitching Moment, M, ft-I

Yawing Moment, N, ft-I
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Conversion Mode 60°5,,
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Table C-6: Conversion Mode, 60° £/

Input Parameter Units GTRS 1\124:51;1 GTRS 1\1;{/1021(;1611
|4 ft/s - 168.78 - 202.53
|4 kts 100.00 100.00 120.00 120.00
) deg 0.00 0.00 0.00 0.00
0 deg 9.341 9.57 2.807 5.00
ar deg 9.341 9.57 2.81 5.00

Br deg 0.00 0.00 0.00 0.00
Al -- 0.1749 0.1742 0.2253 0.2197
p deg/s 0 0.00 0.00 0.00
q deg/s 0 0.00 0 0.00
r deg/s 0 0.00 0 0.00
pdot deg/s/s 0.00 0.00 0.00 0.00
qdot deg/s/s 0.00 0.00 0.00 0.00
rdot deg/s/s 0.00 0.00 0.00 0.00
Bo.i deg 1.33 0.57 1.31 0.71
Pisi deg -1.39 0.16 -1.16 0.10
Biea deg -1.48 -2.44 -1.06 -1.98
6.1 deg 48.54 47.56 52.37 51.54
2 deg -0.94 0.28 -2.13 -0.61
Oic,1 deg 0.00 0.00 0 0.00
Orud deg 0.00 0.00 0 0.00
Oelev deg 0.89 -4.02 6.28 -0.54
Sail deg 0.00 0.00 0 0.00
M - 0.1388 0.1411 0.1423 0.1512
U ft/s 166.50 166.43 202.3 201.76
14 ft/s 0.00 0.00 0.00 0.00
W ft/s 27.40 28.07 9.919 17.66
Thrust, 1b 1708.64 1708.14 1654.12 1690.07
Cn -- 0.0025 0.0025 0.0024 0.0024
Olong In 4.99 3.84 6.13 4.67
Olat In 4.80 4.80 4.80 4.80
Oped In 2.50 2.50 2.50 2.50
A2 -- 0.1749 0.1742 0.2253 0.2197
Boa deg 1.33 0.57 1.31 0.71
Pisa deg -1.39 0.16 -1.16 0.10
Pica deg -1.48 2.44 -1.06 -1.98
o2 deg 48.54 7.56 52.37 11.54
6y deg 48.54 7.56 52.37 11.54
Thrust, 1b 1708.64 1708.14 1654.12 1690.07
Cn -- 0.0025 0.0025 0.0024 0.0024
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Table C-6: Conversion Mode, 60° £,/ (cont.)

Input Parameter Units GTRS 1\1}4:521 GTRS I\IXI:(;};]
v ft/s -- 236.29 -- 270.04
vV kts 140.00 140.00 160.00 160.00
7 deg 0.00 0.00 0.00 0.00
0 deg -0.77 1.91 -3.14 -0.29
ar deg -0.77 1.91 -3.14 -0.29

Br deg 0.00 0.00 0.00 0.00
Al - 0.2718 0.2645 0.3169 0.3086
p deg/s 0.00 0.00 0.00 0.00
q deg/s 0.00 0.00 0.00 0.00
r deg/s 0.00 0.00 0.00 0.00
pdot deg/s/s 0.00 0.00 0.00 0.00
qdot deg/s/s 0.00 0.00 0.00 0.00
rdot deg/s/s 0.00 0.00 0.00 0.00
Bo. deg 1.37 0.93 1.46 1.22
Bisi deg -1.21 0.06 142 0.04
Brca deg -1.18 -1.84 -1.70 -1.92
Oo,1 deg 55.84 55.63 59.03 59.82
0151 deg -2.81 -1.23 3.14 -1.69
Orc. deg 0.00 0.00 0.00 0.00
Orud deg 0.00 0.00 0.00 0.00
etev deg 9.37 1.86 10.86 3.67
Sait deg 0.00 0.00 0.00 0.00
M -- 0.1496 0.1621 0.1582 0.1736
U ft/s 236.30 236.16 269.60 270.04
14 ft/s 0.00 0.00 0.00 0.00
w ft/s 0.00 7.87 -14.80 -1.37
Thrust, b 1847 1858.06 212738 | 2168.80
Cn -- 0.0027 0.0027 0.0031 0.0031
Olong In 6.78 5.25 7.09 5.68
Olat In 4.80 4.80 4.80 4.80
Oped In 2.50 2.50 2.50 2.50
A -- 0.2718 0.2645 0.3169 0.3086
Boa deg 1.37 0.93 1.46 1.22
Pisa deg -1.21 0.06 -1.42 0.04
Bica deg -1.18 -1.84 -1.70 -1.92
o2 deg 55.84 15.63 59.03 19.82
) deg 55.84 15.63 59.03 19.82
Thrust, b 1847 1858.06 212738 | 2168.80
Cn -- 0.0027 0.0027 0.0031 0.0031
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Table C-6: Conversion Mode, 60° By (cont.)

100 kts
Math Model
X force |Y force| Zforce | Roll (L) |Pitch (M)| Yaw (V)
Fuselage 36.03 | 0.00 | -539.75 0.00 4118.37 | 0.00
Wing -50.84 | 0.00 | -8586.01 0.00 443921 | 0.00
Horizontal Tail 34.72 | 0.00 | -592.08 0.00 |-13038.89| 0.00
Vertical Tail #1 -6.08 | 0.00 0.00 0.00 19.50 38.89
Vertical Tail #2 -6.08 | 0.00 0.00 0.00 19.50 | -38.89
Airframe 7.76 | 0.00 | -9717.84 0.00 |-444231| 0.00
Left Rotor (MR2) 1077.18 | 33.68 | -1550.55 | 25080.43 | 2221.16 |17426.71
Right Rotor (MR1) 1077.18 |-33.68 | -1550.55 |-25080.43 | 2221.16 |-17426.71
Total Rotor 2154.36| 0.00 | -3101.10 0.00 444231 | 0.00
Total Aircraft (Body Axis) 2162.12| 0.00 [-12818.94| 0.00 0.00 0.00
GTRS
X force |Y force| Zforce | Roll (L) |Pitch (M)| Yaw (V)
Fuselage -39.401 0 -544.594 0 2562.967 0
Wing 237.345| 0 [-9374.362| 0.006 |3115.676 0
Horizontal Tail -9.714 0 -346.224 0 -7546.788 0
Vertical Tail #1 -4.348 0 0 0 14.133 | -27.899
Vertical Tail #2 -4.348 0 0 0 14.133 | 27.905
Airframe -257.938] 0 |-10345.079] 0.005 -5.325 0.006
Left Rotor (MR2) 1264.86 |74.253|-1229.298 |24013.414| -389.49 |18158.26
Right Rotor (MR1) 1264.86 -74.253|-1229.298 |-24013.414| -389.49 |-18158.26
Total Rotor 2368.035| 0 |-2482.559 0 4.703 0
Total Aircraft (Body Axis) 2110.10f 0 |-12827.638 0.005 -0.622 | 0.006
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Table C-6:

Conversion Mode, 60° By (cont.)

120 kts
Math Model
X force |Y force| Zforce | Roll (L) |Pitch (M)| Yaw ()
Fuselage -27.80 | 0.00 | -578.07 0.00 1614.37 0.00
Wing -844.88 | 0.00 | -8542.72 0.00 5694.98 0.00
Horizontal Tail -1.38 | 0.00 | -577.09 0.00 |-12630.87| 0.00
Vertical Tail #1 -8.75 0.00 0.00 0.00 28.08 56.01
Vertical Tail #2 -8.75 | 0.00 0.00 0.00 28.08 -56.01
Airframe -891.56 | 0.00 | -9697.88 0.00 |-5265.35 0.00
Left Rotor (MR2) 1012.58 | 33.33 | -1626.30 | 26307.96 | 2632.68 | 16401.61
Right Rotor (MR1) 1012.58 [-33.33| -1626.30 |-26307.96 | 2632.68 |-16401.61
Total Rotor 2025.17 | 0.00 | -3252.60 0.00 5265.35 0.00
Total Aircraft (Body Axis) 1133.61 | 0.00 |-12950.48 0.00 0.00 0.00
GTRS
X force |Y force| Zforce | Roll (L) |Pitch (M)| Yaw (V)
Fuselage -109.528| 0 -482.262 0 -386.488 0
Wing -669.167| 0 -9532.34 0 3944.824 0
Horizontal Tail -37.828 0 -294.726 0 -6359.454 0
Vertical Tail #1 -9.653 0 -4.914 0 31.375 | -61.938
Vertical Tail #2 -9.653 0 -4914 0 31.375 | 61.942
Airframe -1482.367) 0 |-10341.885| -0.001 |-1488.538] 0.004
Left Rotor (MR2) 1151.66 [107.76|-1317.569 |26156.285| 336.735 |16187.085
Right Rotor (MR1) 1151.66 -107.76|-1317.569 |-26156.283| 336.735 |-16187.085
Total Rotor 2119.011| 0 |-2642.458| 0.002 [1489.777 0
Total Aircraft (Body Axis) 636.64 0 |-12984.343] 0.001 1.238 0.004
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Table C-6: Conversion Mode, 60° By (cont.)

140 kts
Math Model
Xforce | Yforce| Zforce | Roll (L) |Pitch (M)| Yaw (V)
Fuselage -86.43 0.00 -598.02 0.00 |-1778.72 0.00
Wing -1543.65| 0.00 | -8090.82 0.00 6590.08 0.00
Horizontal Tail -28.43 0.00 -535.59 0.00 [-11662.51] 0.00
Vertical Tail #1 -11.91 0.00 0.00 0.00 38.22 76.23
Vertical Tail #2 -11.91 0.00 0.00 0.00 38.22 -76.23
Airframe -1682.33| 0.00 | -9224.42 0.00 |-6774.70 0.00
Left Rotor (MR2) 1057.67 | 36.96 | -1884.18 | 30481.52 | 3387.35 | 17152.27
Right Rotor (MR1) 1057.67 | -36.96 | -1884.18 |-30481.52| 3387.35 |-17152.27
Total Rotor 211534 | 0.00 | -3768.37 0.00 6774.70 0.00
Total Aircraft (Body Axis) 433.00 | 0.00 |-12992.79 0.00 0.00 0.00
GTRS

Xforce | Yforce| Zforce | Roll (L) |Pitch (M)| Yaw ()

Fuselage -178.774 0 -430.988 0 -5109.172] -0.001

Wing -1295.226/ 0 -9315.258 0 3991.16 0
Horizontal Tail -46.074 0 -160.634 0 -3410.256 0
Vertical Tail #1 -13.579 0 0 0 -12.939 | -87.131
Vertical Tail #2 -13.579 0 0 0 -12.939 | 87.133

Airframe -2432.085] 0 -9892.166| 0.003 |-2715.082] 0.001
Left Rotor (MR2) 1238.37 [138.102|-1555.398 |31170.746| 897.303 |17091.578
Right Rotor (MR1) 1238.37 |-138.102|-1555.398 |-31170.746| 897.303 |-17091.578
Total Rotor 2256.804 0 -3106.305 0 2717.845| 0.001
Total Aircraft (Body Axis) -175.28 0 }-12998.471] 0.003 2.763 0.002
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Table C-6: Conversion Mode, 60° By (cont.)

160 kts
Math Model
X force | Yforce | Zforce | Roll (L) [Pitch (M)| Yaw (N)
Fuselage -141.92 | 0.00 | -603.70 0.00 |[-6015.77| 0.00
Wing -2179.08| 0.00 | -7281.35 0.00 | 7201.78 0.00
Horizontal Tail -49.21 0.00 | -484.41 0.00 |-10496.17, 0.00
Vertical Tail #1 -15.56 | 0.00 0.00 0.00 49.93 99.57
Vertical Tail #2 -15.56 | 0.00 0.00 0.00 49.93 -99.57
Airframe -2401.31| 0.00 | -8369.46 | 0.00 |[-9210.30| 0.00
Left Rotor (MR2) 1167.64 | 44.50 | -2315.19 |37457.10| 4605.15 | 18959.54
Right Rotor (MR1) 1167.64 | -44.50 | -2315.19 |-37457.10| 4605.15 |-18959.53
Total Rotor 233527 | 0.00 | -4630.37 | 0.00 |9210.30 0.00
Total Aircraft (Body Axis) -66.04 | 0.00 |-12999.83| 0.00 0.00 0.00
GTRS
X force | Yforce | Zforce | Roll (L) [Pitch (M)| Yaw (N)
Fuselage -258.695 0 -366.49 0 -10637 | -0.001
Wing -1726.646| 0 -8983.6 | 0.005 |[3542.315 0
Horizontal Tail -38.667 0 18.928 0 498.536 0
Vertical Tail #1 -17.114 0 0 0 55.624 | -109.809
Vertical Tail #2 -17.114 0 0 0 55.624 | 109.815
Airframe -3213.418] 0 -9262.667 | 0.005 |-4227.97| 0.005
Left Rotor (MR2) 1382.26 |164.533|-1866.861|37685.68|1581.305|18674.557
Right Rotor (MR1) 1382.26 |-164.533|-1866.861 -37685.68/1581.305}-18674.557
Total Rotor 2500.778 0 -3717.738 0 4228.878 0
Total Aircraft (Body Axis) -712.64 0 |-12980.404| 0.004 0.908 0.005
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Appendix D: Linearized Model Eigenvalues

Airplane Mode, 517 RPM:

Columns 1 through 4

-1.
-1.
. 1367
18687
G200
L5200
LA
L0193
.oooo

Column identifiers: 140, 160, 180, 200, 220, 240, 260, 280 kts

3787
3757

Columns

=G
=G
-1.
-1.
-0.
-0.
-1.
-0.
-0.

1591
1591
ns5zs
asz9
2041
2041
1371
0234
aooo

H = O 0O M

through &

O O [ oL

L3241
L3241
236681
236581
L 65301
. B5301

Jlz221
L2221
L5e621
5e621
17951
17951

-1.
-1.
L1923
L1923
8783
L8783
L8367
LOZET
.oooo

5659
5659

L3616
.36la
1104
1104
L2072
L2072
2467
LOzZz9
.aoan

H 2 O O MM

O O [ oL

LB2111
LB21113
21781
21781
.855841
.8385841

25461
25401
L7051
L7E051
L17E0L
L1701
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LTRZA
.Ta26
.9368
L9368
. 1968
. 1968
L9321
L0235
.oooo

. 5449
. 5449
L1570
L1570
L2035
L2038
L3011
LOZES
.aoan

O O 0 MM

O O [ oL

80171
80171
11961
11961
L20241
L20241

L B0901
60901
.99501
99501
15411
154113

.9950
. 9950
L9594
9594
L0323
L0238
L2007
L2007

L2024
L2024
LTaE6
LT43n
L3976
0214
2021
L2021

[ S S T G A%

L 5 R % R

34571
34571
97001
97001

L13951
.15951

21001
21001
LTE431
LTE431

14751
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Helicopter Mode

Column identifiers: 0, 20, 40, 60, 80, 100, 120 kts

Columns 1 through 4

-0.7892 -0.7961 0.0864 + 0.44501i -0.6766 + 0.43241
0.1483 + 0.46161 -1.2331 0.0864 - 0.44501i -0.6766 — 0.43243
0.1483 - 0.46161 0.1470 + 0.46201 -0.7686 0.0117 + 0.36181

-1.1861 0.1470 - 0.46201i -0.4001 0.0117 - 0.36181
0.0579 + 0.23211 0.0315 + 0.21361 -1.3545 -1.5447
0.0579 - 0.23211 0.0315 - 0.21361 -0.0652 4+ 0.3041i -0.1007 + 0.52921
0.0033 -0.1z204 -0.0652 - 0.30411i -0.1007 - 0.52921

-0.1312 -0.0823 0.0554 0.0645
0.o000o —0.00oo0 0.oo00o 0.o0o00

Columns 5 through 7

-0.8083 + 0.72711 ] ]

-0.8083 - 0.7271i -1.9878 -2.2489

-1.7629 -0.1372 4+ 1.02301 -0.1591 4+ 1.27221

-0.0187 + 0.2590i -0.1372 - 1.02304i -0.1591 - 1.272213

-0.0137 - 0.2590i -0.9666 + 0.93691 -1.1462 + 1.04931

-0.1168 + 0.77171i -0.9666 - 0.93691 -1.1462 - 1.04931

-0.1168 - 0.77171 0.0151 0.0066
0.0328 -0.02958 + 0.19441 -0.0395 + 0.15881
0.0000 -0.0298 - 0.19447 -0.0398 - 0.15881
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Conversion Mode 15°6,

Column identifiers: 40, 60, 80, 100, 120 kts

Columns 1

-0.68785 +
-0.8785 -
0.002z2 +
0.00z22 -
-1.5413
-0.1215 +
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0.0e833
0.oooo

Column 5

-Z.4554

-0.Z2060 +
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-1.3185 +
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-0.00668

-0.0526 +
-0.0526 -

through 4

o o o O

L7351
LFE351
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[ S

o
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-0.
-0.
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.oooo
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[ R R o R
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231
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R R o

o

. 1695
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N

]
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30191
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Conversion Mode 30°8y

Column identifiers

L8298
. 1878
. 1878
. 8500
.89500
L0023
0341
L0341

o

e i i

: 80, 100, 120, 140 kts

L0255
2162
2162
L1124
1124
L0153
0488
0469

[

]

-2
30211 -0
3021i -0
97811 -1
97611 -1

-0
17521 -0
17521 -0
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2461
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L0192
L0585
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]

S S R
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L0700
.07ao

S N

o
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Conversion Mode 60°8y

Column identifiers:

L4851
L3702
L3T0E
. 1004
1004
06815
. 1078
. 1079

]

SR I N

100, 120, 140, 160 kts

L3238
L2395
.B135
.2856
2856
0805
L1192
L1192

-1

1.43311 -1.
1.43311 -0.
-0

Z2.41091 -0,
2.41091 -0.
-1

20691 -0,
20691 0.
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1273
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aooo

H O O [
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L1331

1.93471
1.953471

2.80251
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